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ATSS Final Report

Volume II

LMSC P038190

NAS8-39208

13.0 First Lunar Outpost Heavy Lift Launch Vehicle Design and
Assessment Report

This section contains a copy of the final report documenting the preliminary results of the First
Lunar Outpost (FLO) Heavy Lift Launch Vehicle (HLLV) design activity that was principally

performed by personnel from the Marshall Space Flight Center, Johnson Space Center, and
Kennedy Space Center during the period of January through May of 1992. The FLO subteam
assessed the requirements for, and definition of, HLLV concepts that would perform the single-
launch FLO mission. LMSC's TA-2 team also contributed HLLV design results to the report,
and the TA-2 study manager performed the editing and production of the report at the request of
Gene Austin of the Marshall Space Flight Center.

Lockheed Martin

Missiles & Space- Huntsville
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1. Introduction

The United States will require a new heavy-lift launch vehicle (HLLV) system to meet the

goals of the Space Exploration Initiative (SEI). These goals include lunar and Mars

missions, requiring delivery of both crew and cargo, beginning in the year 1999. Current
domestic earth-to-orbit (ETO) launch vehicle assets are incapable of providing the required

payload capacity to support the SEI program. Additional launch vehicle capabilities are

therefore required, that are either derived from past, existing, or planned elements, or are

entirely new ("dean sheet") concepts.

Beginning in January, 1992, a conceptual design study was undertaken to define candidate
launch vehicle configurations for the First Lunar Outpost (FLO) mission. A joint NASA

Marshall Space Flight Center (MSFC), Kennedy Space Center (KSC), Stennis Space Center

(SSC), and Johnson Space Center (JSC) team was formed to analyze the options. The FLO

payload mass requirements have ranged from 76 t (167 Klbm) to 93 t (205 Klbm) after trans-

lunar injection (TLI). While the current payload requirement is 93 t post-TLI, some

analysis results contained in this report represent a previous 76 t requirement. The FLO

requirement that each piloted or cargo mission be performed with a single launch, in order
to reduce on-orbit operations, has the single largest effect on defining the candidate launch

vehicle concepts. The single-launch scenario equates to a launch vehicle payload mass

requirement twice that of the Apollo Saturn V. An additional constraint assessed for the
lunar launch vehicle was the desire to utilize existing KSC facilities and ground support

equipment (GSE) to the maximum extent possible. One resulting derived requirement is a
119-125 meter (390410 foot) limit to the launch vehicle length, in order to vertically clear

the Vehicle Assembly Building (VAB) high bay entrance while on the mobile launch

platform (MLP) and crawler.

The HLLV, as defined by this study, is comprised of a core, boosters, second stage (if

required), trans-lunar injection (TLI) stage, and a payload shroud. Requirements for a
Mars mission were also defined so that evolutionary paths could be identified for the

candidate lunar vehicles and associated infrastructure. Due to the current uncertainty in

the Mars payload definition, 250 t is viewed as a minimum Mars payload requirement to
be delivered into low Earth orbit (LEO). Both a reference National Launch System (NI_)

derived and Saturn V derived HLLV have been baselined for further analysis. This report

presents a status of the assessment of those configurations. As the requirements and the

implications of the assessment results are better understood, modifications to the

candidate HLLV concepts will be identified and analyzed.

The FLO activity is an on-going requirements development process that will progress

through numerous iterations before a final selection of the preferred technical approach.
Current FLO concepts, as documented in this report, provide a framework for developing

and testing requirements. The concepts herein should be treated as a "first cut" that will be

refined considerably as analysis proceeds. The concepts are not final, and other candidate



concepts have not been ruled out.
identified and assessed:

Additional concepts, approaches, and issues will be
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2. FLO Requirements and Reference Missions

2.1 Requirements

Figure 2.1-1 summarizes the First Lunar Outpost (FLO) requirements that affect the HLLV

design. The requirements are included in the First Lunar Outpost Requirements and
Guidelines (FLORG) document that was issued by the Exploration Programs Office (ExIK)).

The study requirements include providing the capability to place a cargo, i.e., habitat and

science experiments, onto the lunar surface in a single launch, and sending a four-man
crew to the moon and back to Earth, in a single launch. The cargo mass to be placed onto

the lunar surface is 31.4 t (69 Klbm) without a manager's reserve. Assuming a 10 percent

manager's reserve, this translates to a 93 t (205 Klbm) payload requirement post-TLI for the
launch vehicle. The piloted mission requirement without a manager's reserve, but

including 5 t (11 Klbm) of usable cargo, currently totals 32.7 t (72 Klbm) to the lunar surface.

The same launch vehicle is to be used for both piloted and cargo missions.

Requirements

ExPO
1. The Earth to Moon Transportation System (HLLV, TLI Stage, Lander) Shall Provide The Capability To

Emplace 27.5 t (Including 10% Managers Reserve) On The Lunar Surface In A Single Flight.
Assessment Is 34t Of Cargo With Mar_n Resulting in 93t To TL!.)

2. A Single HLLV Shall Be Utilized For Each Flight To The Moon.

3. The HLLV Shall Provide The Capability For Designed Growth To 250 t To 220 nm.

4. Flight Elements Shall Provide The Capability To Access Any Lunar Latitude Or Longitude.

5. The HLLV Shall Provide The Capability For Launch As Early As 1999.

7. The Capability Shall Be Provided To Support Four (4) Flights Per Year.

Figure 2.1-1 First Lunar Outpost Mission Requirements

2.2 Launch Vehicle Reference Missions

The purpose of the launch vehicle reference mission for both the piloted and cargo single-
launch lunar scenarios is to place the TLI stage and payload into a 185 Km (100 nm) circular

orbit from any launch azimuth between 72 and 108 degrees, assuming the use of Launch

Complex 39 at KSC. A slightly different ascent mission profile was developed for the

Saturn V-derived and NLS-derived vehicle options as a result of vehicle specific

characteristics. Sections 4.1.1.1 and 4.2.1.1 discuss those respective profiles. The orbital

mission profile is the same for the two vehicle options. Figure 2.2-1 illustrates the mission

profile during the orbital phase in low Earth orbit.



2 Orbits Minimum

Lunar Mission Profile
Orbital Phase

(4'.20) C_J

_aration

,_/ (3".3O)

(3:00)"
_on

(0:00) I (Hr:Min from Orbit Insertion) I

• Detea-minedby Mission Window (Max --6:45) Nominal

Figure 2.2-1 Single Launch Mission Profile During Orbital Phase
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3. Groundrules and Assumptions

3.1 Groundrules

Figure 3.1-1 summarizes the groundrules that were used to assess the sizing and
performance of the candidate Saturn V-derived and NLS-derived vehicle configurations.

Groundrules and Assumptions

• Payload Size: 93 t (204.6 Klbm) after Trans-Lunar Injection
- 10m (33 ft) Diameter x 18m (60 ft) Length

• Maximum Acceleration During Ascent: 4 Gs
- Use Step Throttling / Engine Shutdown for acceleration limiting

• Maximum Dynamic Pressure (Max Q): 43.1 N/m 2 (900 psf)

• Minimum Thrust-to-Weight at Liftoff: 1.2

• Jettison Shroud / Nosecap at Altitude of 121.6 Km (400,000 ft)

• No Engine-Out on Core / Boosters / Upperstage

• Earth Orbit (Circular): 184.8 Km (100 rim) Pre-TLI Burn Check-out Orbit

• Launch Azimuth Capability of 72 deg to 108 (leg

• 60 Day Launch Centers: Minimum

• Primary Propulsion Options Include: F-1A, J-2S, SSME, and STME

• 10 Percent Dry Mass Contingency

• Ascent Flight Performance Reserve: 1 Percent of the Total Ascent AV

• Primary Avionics Located on TLI Stage

• On-Pad Hold-Down During Booster/Core Engine Start

• MinimiT_ Impacts to Existing or planned KSC Facilities

Figure 3.1-1 Study Groundrules and Assumptions

The candidate HLLV configurations were sized to meet or exceed the minimum payload

requirement of 93 t post-TLI. A constraint was imposed on the physical sizing of the
launch vehicles based on the groundrule of minimizing any resulting impacts to existing

Kennedy Space Center ground processing facilities. As a result, the Vehicle Assembly
Building (VAB) highbay door vertical clearance constraint was used to limit the total

5



length of the launch vehicle, when considering that the vehicle would be mounted on a
mobile launch platform (MLP) and carried into the VAB by a Saturn V/Space Shuttle

Program style crawler.

Separate bulkheads between the LOX and fuel tanks are used to simplify design,
manufacturing, and operational complexity (except with the Saturn V S-II stal_e

derivative). All tank endcaps are elliptical with a semi-major/semi-minor axis ratio of q2.

All tanks have been designed with an ullage volume of 3 percent of the propellant

volume. The flight performance reserve (FPR) is quantified to be one percent of the total

ascent delta velocity and is bookkept in the last ascent core stage. The maximum thrust

acceleration and dynamic pressure that the vehicle will be allowed to experience during

ascent is 4.0 Gs and 43.1 K N/m 2 (900 psf), respectively. The payload shroud for the cargo

mission will be jettisoned at 121.6 Km (400,000 ft) geodetic altitude. The launch escape

system for the manned mission will also be jettisoned at 121.6 Kin (400,000 f-t) geodetic

altitude.

3.2 Assumptions

The HLLV design activity seeks to identify and assess candidate HLLV configurations that

could satisfy the FLO requirements discussed in Section 2.1. In order to bound the

solution set of possible HLLV configurations to a manageable number that could be

assessed in a pre-Phase A environment, a series of design assumptions were made. The

following sections highlight those assumptions.

3.2.1 Propulsion Options

The demonstrated capability and reliability of the Saturn V propulsion systems were

among the most significant attributes which led to consideration of a vehicle using Saturn

V technology. The F-1A and J-2S engine concepts were baselined for use on the Saturn

Derived design option. These are evolutionary concepts of the F-1 and J-2 engines
• "" tions for improvements in performance, reliability, and

incorporating modfflca .... _,_-:- =.,,,_,_--_ ¢STMEs) and an upper stage version
in S ace Transportauon lv,,u_, .,,_ ..... . Derived desimanufactur g. P . ._ . ,,.,_,i_, .... re basehned for the NLS gn

of the Space Shuttle Mare _ngme _v_r_.j ,,v_;
option, along with the additional use of F-1As. The four engine types are not reusable, but
are assumed to have a designed-in capability for multiple firings in order to support flight

readiness testing. The additional development effort and schedule risks associated with

the new Saturn derived engines are deemed to be minimal, since both engines have

already gone through partial development and testing by Rocketdyne. Figure 3.2.1-1

summarizes the performance characteristics of the four respective engines.
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Liquid Engine Comparison

Figure 3.2.1-1 Performance Specifications of Candidate Engines

F-1A

The F-1A uses liquid oxygen as the oxidizer and Rocket Propellant 1 (RP-1), or high grade

kerosene, as the fuel, turbopump lubricant, and hydraulic working fluid for the thrust

vector control and engine valve components. A gas generator drives the turbine which is

direct-coupled to the turbopump. Several improvements to the baseline F-1 design result

in an F-1A engine capable of a larger 100 percent rated power level (RPL), 8,006,760 N (1.8

Mlbf), and the capability to step throttle to a minimum value of 75 percent RPL, 6,005,070

N (1.35 Mlbf).

The J-2S engine is an uprated version of the J-2 engine, which was used on the Saturn V
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S-II and S-IVB stages. The J-2S uses liquid oxygen (LOX) as the oxidizer and liquid

hydrogen (LH 2) as the fuel. The addition of expendable nozzle extensions and the

strengthening of turbomachinery, turbine exhaust gas manifolds, and thrust chamber
forward manifolds, as well as enlargement of main valve actuators produces a greater

expansion ratio (40:1 versus 27.5:1) and higher specific impulse (436 seconds vs. 425
seconds) for the J-2S as compared to the J-2. The vacuum thrust of the J-2S engine is

1,178,773 N (265 Klbf). The J-2S engine has independently driven pumps for both liquid

oxygen and liquid hydrogen, a gas generator to supply hot gas to two turbines functioning

in series, pneumatic and electrical control interlocks, altitude restart capability, and a

propellant management, or utilization monitoring, system. The J-2S has no throttle-down

capability from its 100 percent RPL value.

The STME is a 2.89 MN (650 Klb0 vacuum thrust engine with a designed specific impulse

of 428.5 seconds, as currently baselined by the National Launch System (NLS) program.

The engine is in the preliminary design phase, and consists of a LOX/LH 2 turbopurnp

powerhead with a standard fuel-rich gas generator cycle. The combustion chamber is

regeneratively cooled, and the nozzle uses both regenerative and film cooling. The STME

is being designed for a 75 percent RPL minimum thrust level and will utilize a singie-step
throttle-down capability. The STME, while not being designed for reuse, is to be designed

with robust operating margins and will have the inherent capability for multiple engine

starts to support flight certification and multiple launch attempts after an on-pad abort

shut-down. It is assumed that the STME development schedule will become compatible

with SEI requirements.

The SSME, modified for second stage altitude start and on-orbit restart capability, will

develop 2.09 MN (470 Klbf) of vacuum thrust operating at 100 percent RPL, and will not be
throttled during any burn. The requirement for a vacuum start of the SSME will require

modifications to the engine start sequence due to the reduced liquid oxygen (LOX) inlet

pressure and zero ambient pressure, as well as modifications to the LOX feed system for the

auto-spark igniter. The reference NLS-derived configuration requires the SSME to burn
twice: once as a suborbital burn and once as the TLI burn. It is assumed that pre-lift-off

thermal conditioning and inert gas purges will be performed on the SSME via 1"-0

umbilicals. Thermal conditioning and purges may be required for the suborbital burn, but

further analyses must be performed to confirm that assessment. Conditioning and purges

will likely be required for the TLI burn, given the possibility of 1-3 hours of on-orbit dwell
time between the suborbital burn and the TLI burn. The purges also would ensure that

there would not be any ice build-up in the engine after the first burn.
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3.2.2 Avionics Subsystems

The avionics suite is assumed to be centralized in the TLI stage and based on the reference

NLS Cycle "O" design. The accuracy requirements of the inertial navigation system are

assumed to be the same as those baselined in the NLS Level 11 System Requirements

Document (Version 6.0,Section 3.1.4.2.1):

• Apogee-- _+0.9 Krn (0.5 rim)

• Perigee-- _+0.9 Km (0.5 run)

• Inclination---+0.05 deg

Figure 3.2.2-1 illustrates the basic HLLV avionics architecture concept, shown here for the
NLS-derived vehicle. Table 3.2.2-1 summarizes the location and quantities of the various

avionics components on the HLLV elements. The SEI HLLV does not need a "Launch

with Faults" string because there is no surge requirement and the annual flight rate is low.

Active mission times for the vehicle elements are assumed to be less than 10 minutes for

the booster, less than 30 minutes for the core, and 6-8 hours for the TLI stage. This concept

assumes that each engine has one internally redundant engine controller with data bus

interfacing included. It also assumes each engine has two electromechanical actuator

(EMA) controllers. The avionics design also assumes that the HLLV is a throw-away

vehicle and does not require autonomous or crew-controlled rendezvous and docking

capabilities. The avionics is located in the TLI stage in order to control the boosters, core,

and TLI stage during their respective flightphases. Also, the instrument unit concept is

more applicable to the SEI vehicle since ithas the same configuration each time and weeks

can be taken for the vehicle integration processing without adversely affecting the mission.

The selected architecture is a voting three-string system for the core and TLI stage with

control avionics on the TLI, and dual-string avionics on the boosters. The design captures

the maximum number of faults and produces the highest reliabilityfor the least cost for

short duration mission vehicles. Avionics masses include cables, EMAs, and engine

controllers. This basic design will work for both unmanned and manned vehicles.

However, an emergency detection function will need to be added for the manned vehicle.

This function could be performed by the TLI computers using the standard vehicle health

management (VHM) suite.

Power for all stages is provided by silver-zinc batteries because of the short duration

mission. Each element has its own power supply and power distribution control to

minimize noise, voltage drop, and cable mass. Communications for both launch and on-

orbit phases of the mission are provided by the TLI stage.
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HLLV Avionics

TLI Stage (Central Avionics)

- Data Management

• Flight Computers (3)
• Remote Data Units (12)

- Communications

• Transponders (2)

• Amplifiers (2)

• Antennae (4)

- Guidance and Navigation

• Inertial Measurement Unit

• Navigation Update System (3)

- Electrical Power

• Energy Source (Batteries) (8)

• Power Distribution Unit (3)

- Range Safety
• Receiver (2)

• Distributor

• Antennae (4)

- Ordnance . .

Core and Bo ster Distributed Element_

- Electrical Power

• Energy Source (Batteries)

• Power Distribution Unit

- Controllers

• Engine
• Thrust Vector Control

- Range Safety . . "
- Interfaces With Central Awomcs

* Data Management
• Sensors and Instrumentation

Figure 3.2-1 HLLVAvionics Architecture Concept
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Table 3.2.2-1 Avionics Components List

SEI AVIONICS COMPONENT

AVIONICS CATEGORY

DATA MANAGEMENT

• Remote Unit

Flight Computer
Interface Assembly

(Ground Interface)

COMMUNICATIONS

• Antenna
• S-Band Transponder
• S-Band Amplifier
• Operational Flight Instrumentation

POWER

• Primary Batteries
• Distribution Subsystem
• Umbilical
• Protection Node

GUIDANCE. NAVIGATION, & CONTROL

• Rate Gyros
• Inertial Measuxement Unit
• Global Positioning System Unit

& Preamplifier
• Global Positioning System Antenna
• Video Display Equipment

QUANTITY DISTRIBUTION

4
BOOSTERS

8
8
4
4

CORE
VEHICLE

4
2
4

1

SECOND
STAGE

2

TLI

4
2
2
1

8

3
2
1
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4. Reference Launch Vehicle Options

4.1 NLS Derived

The following sections present the results of the definition and assessment of the reference

NLS derived launch vehicle configuration.

4.1.1 Mission Profile

Figure 4.1.1-1 illustrates the mission profile during ascent. The profile is the same for both
piloted and cargo flights except that a launch escape system (LES) is included and jettisoned
at shroud separation in manned missions. The on-orbit mission profile is shown in

Figure 2.2-1.

Lunar MiS$iQn PrQfile
Ascent Phase

!

Liftoff(0 ._cI 0 ran/)

Figure 4.1.1-1 NLS-Derived Ascent Mission Profile
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Core and booster main engines are ignited at T-O and attain I00 percent RPL thrust prior to

liftoff. The thrust-to-weight ratio at liftoff is 1.34. The vehicle flies at an angle of attack of 0

degrees through the region of maximum dynamic pressure (30 - 135 seconds mission

elapsed time) to minimize structural loading. Maximum dynamic pressure during ascent

is 43.1 K N/m 2 (900 psf). Booster engines are step-throttled to 75 percent RPL when

acceleration first reaches 4 Gs. One engine on each of two boosters is also shut-down

during two subsequent occurrences of attaining 4 Gs. Each booster pair is jettisoned when

the propellant is depleted to the minimum reserve level. The payload shroud is jettisoned
from the launch vehicle at a geodetic altitude of 122 Km (400,000 ft). At that altitude, the

aerodynamic and aeroheating effects of the atmosphere are negligible. The vehicle then

suborbitally ignites the TLI stage to inject into a 185 Km (100 nm) circular orbit. Booster

and core impact points were calculated using an average ballistic coefficient. The vehicle
has a launch azimuth range of 72 degrees to 108 degrees. The azimuth range provides any-

day launch availability, weather permitting, with a day-dependent window of

approximately 4 hours, while providing for capsule abort options. The same azimuth

range was used in the Apollo Saturn V program. A ten percent mass contingency was
included in the sizing and mass properties assessments of each vehicle element, with the

exception of the F-1A engine, which presumed that use of a 1960-based technology would

provide a similar conservatism.

4.1.2 Reference Vehicle

4.1.2.1 _l_hicle Description and Performance Summary

The NLS family combines state-of-the-art technology (e.g., propulsion and avionics) while

maximizing the use of current infrastructure (e.g., manufacturing, launch facilities, etc.).

The core tankage of the NLS-1 (HLLV) and NLS-2 (50 Klbm payload) vehicles is derived

from the Space Shuttle External Tank (ET). All core elements utilize the STME for main

propulsion: the HLLV uses four STMEs, the NLS-2 vehicle uses six STMEs, and the Nq..S-3

(20 Klbm payload) vehicle uses one STME. The HLLV also uses two Advanced Solid
Rocket Motors (ASRMs) for boost stage propulsion. The goal is to develop a robust, low-

cost system that will meet NASA, Department of Defense (DoD), and commercial payload

needs into the next century. The NLS-derived lunar vehicle further develops this theme

by utilizing the NLS HLLV core stage, ET diameter TLI stage, and an SSME for an upper

stage engine as the basic elements of the lunar launch system. Figure 4.1.2.1-1 illustrates

this concept. The goal is to define a system that fulfills both the goals of SEI and the

nation's other Earth-to-orbit needs such as Space Shuttle off-loading, DoD, and commercial

payloads, etc. The configuration is composed of two core stage elements and four strap-on
booster elements. The lunar configuration consists of the basic NLS core stage, a new TLI

stage, and four boosters.
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National Launch System
Vehicle Evolution

S_E c_ore Stag e Engine

I
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Space Shuttle
HLLV 50 K 20 K

NLS "Reference" Family

Lunar

Figure 4.1.2.1-1 Evolution of NLS-Derived Concept

Based on the FLO requirements, constraints, technology assumptions, and selected

configuration approach, numerous launch vehicle sizing optimization analyses were

performed which led to the reference NLS-derived HLLV for the lunar mission. See
Section 7.1 for information on other design options that were considered. Figure 4.1.2.1-2

summarizes the reference lunar mission configuration performance and major element

mass properties.
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Lunar NLS Derived HLLV w/4 L0x/RP Boosters
Single Launch - Cargo

] Payload: ! : : : ..... : :2101rib (95 t)/5861db IF,,,,_I ll)a_..i.r,n . ...... - .... ,TIj :tV Wt',l_maffl

GLOW: 12.4 Mlb

Engim Out: Nom

CORE:
ine_t Mass: 195.7 klb

Mau: 1.69 Mlb

s'rM_4
: 650/551 klb

90.8 Vac/SL ISP: 428.5/365 s

L_:F..xit Dia= 92m171 ft

Diameter: 27.6 ft

__ 4_ow• , 166.5 klb

Mass: 2.2 Mlb

i 11 2,.ff2Jl.8 Mlb- _fl1_...27.6 ft,-_ Vac ISP: 303.1 s

l_ E.xit Dia: 144in• 146ft

_g_. 22.1
Side View Base View i _ty: None

/
Structure: A12219 _ 70.8 klb

Shroud - Umbie Volume: 33 x 60 ft Pro_lhmt Mass: 700 ldb
Mass: 28,240 lb Pro_lmt Type: LOX/LH2

Notes: • C_.otedBoost_rs at_ Ignited on Pad w/Booster Holddown Engine Type/#: SSME/1
• ET ¢n_. capacity (1.69 Mlb) based on a 5 ft st.,_ach Vat: _ (F_,a): 489.9 klb
• I08 _ 12ranch A_muth Vac ISP: 452.4 s
• F-I A & STME ate 75% St_ Throtflable Engine Exit Dia: 90.5 in
• Use Th_ttle/Boostm" Engine Shutdown for Loads [zmgth: 90.8 ft
• MaxG = 4.0/Max q ffi 9D0pd Diamemr: 27.6 ft

Figure 4.1.2.1-2 NLS-Derived Reference Configuration Specifications
Summary

4.1.2.2 Booster Element

The booster diameter of 6.7 m (22.1 ft), and length of 44.4 m (145.9 ft) including

aerodynamic nose cone, were derived by constraining the booster length to match the NI..S

Core Stage attach point locations, which are the same as those for the Space Shuttle
ET/SRBs. The LOX/RP boosters are configured so that loads are transmitted through a
thrust beam in the core intertank into the booster forward adapter, which is also similar to

the current Space Shuttle design. Aerodynamic fairings have been placed on the aft skirt
of each booster to protect the engines from ascent loads. Core and booster LOX tanks have

been placed forward of the fuel tanks to move the vehicle center-of-gravity forward and
therefore improve aerodynamic stability and control. Figure 4.1.2.2-1 shows the internal

layout and dimensions of the boosters with respect to the core vehicle and TLI stage. The
thrust vector control (TVC) subsystem was chosen to be the same as that used on the

Saturn V S-IC stage, in which RP-1 fuel is bled off of a high pressure discharge port on the

F-1A fuel turbopump and used to power hydraulic actuators. A more detailed trade study
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remains to be performed on the use of alternative TVC concepts such as electrohydrostatic

(EHA) and electromechanical actuators (EMAs).

NLS-Derived Cargo Vehicle with 4 LOX/RP-1 Boosters

UuIlar

Cargo
Payload
Shroud

ii

90 8'

Booster
2.2 Mlbf

2 F-1A

Engines 145.9' i

Core Stage
1.69 Mlbm _-_

Propellant _'_
with 4 STMEs _, ,_

349.8'

A

171'

r

Figure 4.1.2.2-1 NLS-Derived Cargo Vehicle Internal Layout and Dimensions

The LOX/RP-1 booster mass summary for the NLS-derived HLLV is shown in Figure

4.1.2.2-2. These masses were derived from the Saturn V S-1C stage and the Space Shuttle

SRB. The stage masses were derived from the S-1C stage with updates for only two F-1A

engines and the reduced diameter and usable propellant capacity of 998 t (2.2 Mlbm). The

attachment and separation system masses were scaled from the Space Shuttle Solid Rocket

Booster (SRB). The total dry mass is shown for only one booster as the other three boosters

are identical. The unusable residuals were added to the dry mass to give the minimum

burnout mass for one booster.
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NLS LUNAR HLLV

SATURN v-DERIVED LOX/RP1 BOOSTER WITH 2 F-1A ENGINES

(All Values Shown as Pounds Mass)

FWD STRUCTURES AND NOSE CONE
ATTACH AND SEPARATION

LOX TANK
INTERTANK
RP-1 TANK
AFT STRUCTURES
THRUST STRUCTURE AND HOLD-DOWN

MAIN ENGINES (2 F-1As)

BASE HEAT SHIELD
LOX SYSTEM
RP-1 SYSTEM
TVC
AVIONICS

CONTINENCY 10% *

TOTAL DRY MASS

RESIDUALS

TOTAL BURNOUT MASS

USABLE PROPELLANTS = 2,200,000 Ibm STAGE DIAMETER = 265 INCHES

* Not applied to the engines, which are an existing design

3,630
2,327

18,027
5,926

10_6
11,149
11,465

38,000
2,59O

11,165
6,308
4,069
1,050
8,854

135,396

31,262

166,658 Ibm

Figure 4.1.2.2-2 NLS-Derived Booster Mass Properties Summary

4.1.2.3 Core Stage I Element

The core stage has the same diameter as the Space Shuttle Program (SSP) External Tank
(ET), 8.39 m (27.58 ft), with several additional changes: the ogive LOX tank has been

replaced with an elliptical endcap and cylindrical section arrangement, the LH 2 tank has

been stretched five feet to accommodate the 408.2 t (900 Klbm) increase in propellant load
over the basic 766.6 t (1.69 Mlbm) capacity, the LOX tank stretched a corresponding amount

for the 6:1 mixture ratio, and tank structural modifications have been made as necessary
(see Section Analysis Section-Structures). The SSP SRB structural attach point height has
been retained. This results in an overall core height of 52 m(171 ft). Figure 4.1.2.2-1 shows

the internal layout and dimensions of the core stage with respect to the boosters and TLI

stage.

The core stage mass summary for the NLS Lunar HLLV configuration is shown in Figure
4.1.2.3-1. The mass properties were derived using the MSFC NLS ET reference masses and
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updating to account for the reduced loads produced by the HLLV-only configuration, and
the increased loads produced by the TLI stage, increased payload mass, increased shroud

mass, and the four boosters. The propulsion system masses were revised to accommodate

the 2.89 MN vacuum thrust (650 Klbf) STME. The avionics masses were revised for the

lunar configuration and mission. A ten percent mass contingency was applied to all

systems, including new and modified systems, and is shown as a separate entry in Figure
4.1.2.3-1. The minimum burnout mass for the core stage includes the total dry mass for the

core stage and the unusable residuals, which do not include any usable reserves. The total

usable propellant capacity is approximately 768 t (1,693 Klbm) for the stage, which utilizes a

8.4 m (331 in) diameter derived from the Space Shuttle External Tank (ET).

NLS LUNAR HLLV

ET DERIVED CORE STAGE WITH 4 650K STMEs

(All Values Shown as Pounds Mass)

INTERSTAGE

FORWARD STRUCTURES

LOX TANK

INTERTANK (INC 2 CROSSBEAMS)

LH2 TANK

TPS,HEAT SI-UELD,ENVIRONMENTAL CONTROL

ENGINES (4 650K STMEs)

PROPELLANT FEED SYSTEM

PNEUMATIC SYSTEM

SUBSYSTEM INSTALLATION STRUCIIdRE

THRUST STRUCTURE & MECHANICAL

TVC

ATI'ACH & SEPARATION SYSTEM

AVIONICS

CONTINGENCY 10%

TOTAL DRY MASS

RESIDUALS

TOTAL BURNOUT MASS

USABLE PROPELLANTS = 1,693,000 Ibm STAGE DIAMETER = 331 INCHES

11,018

5,508

16,104

17,304

27,703
6,447

35,460

10,465

3,229

3,688

18,866

3,129

2,174

1,800

179,185

16,474 _

Figure 4.1.2.3-1 NLS-Derived Core Mass Properties Summary

4.1.2.4 TLI Stage Element

The LOX/LH 2 TLI stage is placed in-line with the core and has a common diameter of 8.39

m (27.58 ft). The stage has a propellant capacity of 317.5 t (700 Klbm), which results in an
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overall stage length of 26.9 m (88.58 ft). The LOX tank is placed aft for this stage to improve

stability during non-atmospheric maneuvers. This results in a lighter overall stage weight
since the heavier LOX tank does not have to be supported by the fuel tank. Shorter LOX

lines are another benefit. The ET diameter of 8.4 m (27.58 ft) and the S-IVB stage tank

arrangement of having the LOX tank aft and the LH 2 tank forward were also utilized. Both

separate and common bulkhead tank configurations were studied, but the separate tank

design was used as the reference. The TLI stage uses conventional Aluminum 2219 for all
structural and tankage components. The intertank and forward and aft skirts use a

standard skin-stringer design. The stage design may support the use of existing Shuttle ET

tooling. Figure 4.1.2.2-1 shows the internal layout and dimensions of the TLI stage with

respect to the boosters and core stage.

A preliminary assessment of TLI propellant tank thermal control requirements resulted in
the baseline design of 5 cm (2 in) thick spray-on foam insulation (SOFI) for both the LOX

and LH 2, which would result in no more than a 1 percent per hour LH 2 boil-off rate for on-

orbit stay times of less than five hours. No technological advances would be required for
the reference TLI stage thermal control methodology. A more detailed discussion of the

SOFI design may be found in Section 7.1.4.

The reference RCS design consists of ten 445 N (100 lbf) thrust bipropellant engines. The

propellant combination is monomethyl hydrazine and nitrogen tetroxide, with a helium

diaphragm pressurization system. The resulting engine performance yields a specific

impulse of 300 seconds at an inlet pressure of 1,724 Kpascal (250 psia) and a mixture ratio of

1.65:1. The required usable propellant quantity, which include a 25 percent contingency

reserve, are included with the unusable residuals which may all be left on the stage at

burnout. The total RCS propellant budget is 323 Kg (713 Ibm) and the dry system mass is 86

Kg (190 Ibm).

Four solid motors, similar to the one shown in Figure 4.1.2.4-1, are used to move the TLI

stage away from the spent NLS core during TLI separation. The separation motors will

help to provide a small positive acceleration that settles the TLI propellants prior to the
suborbital burn, and will also be used for a settling burn prior to the final TLI burn.

The TLI stage mass summary for the NLS Lunar HLLV configuration is shown in Figure

4.1.2.4-2. The mass properties were derived from the NLS reference masses, the Saturn S-

IVB stage, and the Space Shuttle Orbiter. The stage masses were estimated to account for

the loads produced by the combination of the 317.5 t (700 Klbm) propellant capacity,

payload, shroud, and the thrust of one SSME. The Thermal Protection System (TPS) mass
allowance was scaled from the S-IVB stage which should be adequate, but a new TPS will

have to be developed (see Analysis Section - Thermal). A micro-meteoroid shield mass

was estimated which could be integrated with the TPS into one system. The propulsion

system masses were derived from the Orbiter propulsion system. The SSME, ancillary

systems, auxiliary power system, and hydraulic power equipment could be used with
minimum or no modification for the TLI stage. The reaction control system (RCS) masses
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were included for roll control during powered flight of the single-engine TLI stage and for

control during on-orbit stay time. A ten percent mass contingency is included as a separate

entry on everything except the SSME and ancillary systems (which are existing hardware).

The total dry mass for the TLI stage, RCS propellant, and unusable residuals (which do not

include reserves) were added to define the stage burnout mass.

39 in.

1
I
I

31 in.

Separation/Ullage Motor

12.8 in. _--_

tni_tor

Thrust (lb0

vacu_

Specific Impulse (sec)
vacuun_

Chamber Pressure (psia)

Expansion Ratio

Mass (Ibm)

Nozzle

Propellant

Action Time (see)

242.5

2221

5.8

656

HTPB

3.7

Figure 4.1.2.4-1 NLS-Derived TLI Stage Separation/Ullage Motor
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NLS LUNAR HLLV
ET DERIVED TLI STAGE WITH 1 SSME

(All Values Shown as Pounds Mass)

TRANSITION STRUCTURE 3,800

FORWARD STRUC1X/RE 2,710

LH2 TANK 11,344

]_rrERTANK 10,025

LOX TANK 7,003

AFT STRUCTURE 4,118

TPS, MICROMETEOROID SHIELD, ENGINE PROTECTION 4,315

MAIN ENGINE (1 SSME) 6,956

TIqRUST STRUCTURE 2,043

PROPELLANT FEED SYSTEM 2,628

ANCILLARY SYSTEMS 1,830

INSTALLATION STRUCTURE ,APU,HYDRAULICS 1,334

RCS (ON-ORBIT & ROLL CONTROL) 897

AVIONICS 2,200

CONTINGENCY 10% * 5,241

TOTAL DRY MASS 66,441

RESIDUALS ._ 7_2

TOTAL BURNOUT MASS 70,223

USABLE PROPELLANTS = 700,000 Ibm STAGE DIAMETER = 331 INCHES
• Does not include SSME & ancilliary, since existing designs

Ibm

Figure 4.1.2.4-2 NLS-Derived TLI Stage Mass Properties Summary

4.1.3 Aerodynamics

The distributed aerodynamic loads are presented in the form of dimensionless coefficients

that are a function of Mach number and core vehicle body station location (measured as

the ratio of body station to body diameter, X/D): dCA/d(X/D) and dCNa/d(X/D). By

integrating these coefficients over a range of X/D and multiplying by dynamic pressure and

reference area (and by angle of attack for normal force), the load acting at the middle of the

selected range was computed. The coefficients were computed at Mach 1.5, corresponding

to the typical occurrence of maximum dynamic pressure. These data show the center of

pressure (CP) of the core-alone configuration at an X/D of 10.87, though the integrated
effect of the boosters was to move the CP aft to the X/D of 5.80. There was a discrepancy

between the center of pressure calculated by this method and the value calculated from the

total normal and pitching moment coefficients. This was presumed to be due to an

incorrect adjustment of the wind tunnel data for overall vehicle length. The length of the

wind tunnel model was 10.2 diameters while the NLS-TLI vehicle was 13.2 diameters (as

assumed in these calculations). The CP being further forward is more conservative for

loads estimation. This underscores the importance of wind tunnel data using accurate

models to enable more precise estimation.
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4.1.4 Stability and Control

During first stage, the strap-on boosters provide control authority for launch vehicle
steering. Prior to booster engine cut-off and separation, control authority is transferred to
the core vehicle. Based on past operational experience, the core vehicle would be
commanded to maintain an attitude hold during booster separation to minimize any
attitude and rate transients, and to allow the core vehicle's guidance software to

reconverge onto a new guidance solution. A trade study needs to be performed to
determine if the core vehicle will have sufficient control authority during first stage to

perform thrust vector control steering. While such a capability will probably require an
up-sizing of the core vehicle's thrust vector control (TVC) subsystems, it will also allow a
significant dry mass savings by removing all TVC hardware from each booster.

A stability analysis will be performed for the four-booster configuration to determine if tail
fins will be required on the boosters or core vehicle to provide directional stability for
crosswind, load relief (non-zero angle-of-attack and sideslip), and propulsion dispersion
conditions during atmospheric flight. The presence of the boosters will help to move the

aerodynamic center of pressure aft on the mated vehicle in both the pitch and yaw planes,
but NASA standards for stability and control design require the vehicle to also be stable in

the presence of atmospheric and performance dispersions.

4.1.5 Manufacturing Facilities and Tooling

Figure 4.1.5-1 shows the new and modified manufacturing facility tooling components and

facility requirements needed to support SSP, NLS, and NLS-derived SEI vehicle

component manufacturing.

Toolin 8 Facilities

500,0G0 _.ft New Area & New _ 1

|1
I I M.m Wad
I I Clean & Therm-s _ Systmn
/ I F,_,l_,_

/I Thrmt Stru_irts& Ne6ec°ne
| I Propulsion Module
| I int_e
I I A_om_

l L tnt_at_ ._,e_ly & Ch°ck'Out

Processing Function/
Vehicle Element

New F_xture (20-30 fO & 22.1 f_ Diameter
New Fixtures & Tables

New 22.1 ft & TLI Intenank Assembly Fixture
_.1 it Di,_net_ and TLI FIxturm

New Tank Configuratiora (l.angths & Diameters)
New Pe6itions & Tmn_

New SW_cture
New Skirts

Not Applicable
2 Modified Interstages

Not Applicable
Stackof2 New Vehicles

Setof22.1 ft.Dome TooLs& TLI Stage UI_I/_ inNew Building

Increased Floor Anm
Inaeased Floor Arm Utilities

Weld Ar_ Rearrangmnent in New Building i

Lan_ l_dificm/om
Length IVf_om ....

lncs_sed Floor Area
Increased Floor Area

New Building
Increased Floor Arm
Increased Fkxx Ares

Increased Stack, A_e_mbly, & Cheek-out Are_

Figure 4.1.5-1 NLS-Derived Manufacturing Facilities
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It was assumed that all assembly would be performed at NASA's Michoud Assembly

Facility (MAF). Major manufacturing elements include the ET, baseline NLS core vehicle,
SEI core vehicle, SEI boosters, and SEI TLI stage. MAF excess tooling, along with additional

new tooling, will give MAF the capability of manufacturing the 40 vehicle elements

required to effectively support SSP, NLS, and SEI program requirements. New tooling,
increased floor areas, integration cell modifications, new storage buildings, and enlarged

assembly and check-out area requirements are primarily driven by flight rate and degree of

design changes, such as booster diameter, over the current SSP element designs. SEI

manufacturing tools and techniques utilize ET manufacturing technologies and processes.

Commonality in propellant tank endcap design between the three prospective mixed fleet

programs will facilitate maximum manufacturability.

4.1.6 Schedules

Figures 4.1.6-1, 4.1.6-2, and 4.1.6-3 display preliminary schedules for the development and

acquisition phases of an NLS-derived core vehicle, boosters, and TLI stage, respectively.

The major features of the schedules are a two-year in-house preliminary definition study,

immediately followed by a five-year Phase C/D, beginning in early Fiscal Year (FY) 1995.

Initiation of the preliminary definition studies in the last quarter of FY 1992 would be

necessary to accommodate a launch in 1999. These schedules also show estimates for long

lead item procurement and fabrication requirements for the major NLS-derived HLLV

subsystems.
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Figure 4.1.6-1 NLS-Derived Core Development & Acquisition Schedule
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Figure 4.1.6-2 NLS-Derived Booster Development & Acquisition Schedule
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Figure 4.1.6-3 NLS-Derived TLI Stage Development & Acquisition Schedule

4.2 Saturn Derived

The following sections present the results of the definition and assessment of the reference

Saturn derived launch vehicle configuration.

4.2.1 Mission Proffie

Figure 4.2.1-1 illustrates the mission profile during ascent. The profile is the same for both

piloted and cargo flights except that a launch escape system (LES) is included and jettisoned
at shroud separation in piloted missions. The on-orbit mission profile is similar to that for

the NLS-derived configurations, as shown in Figure 4.1.1-2.
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Saturn V Derived HLLV
Lunar Mission Profile

('nee from Liftoff / Altitude)

/

/

(234 _c / 122 kin)

_lison Core Smae I / Core Staoe II lenition
(189 sec / 82 kin)

jr"-= .Ci_

(572 sec / 185 krn).

FSk)md

Mission

068 sec / 63 krn)

Figure 4.2.1-1 Saturn V-Derived Ascent Mission Profile

Liftoff occurs with the nine booster and core stage F-1A engines operating at 100 percent

RPL. A vertical rise maneuver is maintained through tower clearance and is followed by a

pitch-over maneuver. From this point, an optimized ascent profile is flown subject to a a

43.1 K N/m 2 (900 psf) maximum dynamic pressure constraint. Ascent acceleration limits

are maintained through the use of a throttling sequence with both the boosters and the

modified S-IC stage. At the first occurrence of a 4 Gs sensed acceleration level, the booster

engines are step-throttled to 75 percent RPL. At the second occurrence of 4 Gs acceleration,
the modified S-IC stage engines are step-throttled to 75 percent RPL and maintained for

the duration of the burn. At booster propellant depletion, the boosters are jettisoned from

the core. The next ascent event occurs when the modified S-IC stage propeUant is depleted

and the stage is jettisoned. The six J-2S engines of the modified S-II stage are then ignited

and operated at full throttle throughout the entire burn sequence. Sensed acceleration

never exceeds the established 4 Gs limit during second stage operation. When the vehicle
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reaches a geodetic altitude of 122 km (400,000 ft), the payload shroud and the launch escape

system (LES) are sequentially jettisoned. Insertion of the TLI stage and payload into a 185
km (100 nautical mile) circular orbit is completed using the modified S-U stage, at which

point the stage is jettisoned. The TLI stage and payload systems are then checked out in
low Earth-orbit. The vehicle is then maneuvered into the proper TLI burn attitude and

pointing verification is performed. If no malfunctions are detected, the TLI burn is

performed by the TLI stage with its one J-2S engine, if a problem is detected at this point

during a piloted mission, the mission is aborted and the crew returned to Earth.

4.2.2 Reference Vehicle

4.2.2.1 _ehicle Description and Performance Summary

The Saturn V-derived launch vehicle option was developed to assess the capability and

cost effectiveness of a vehicle employing Saturn V design characteristics, propulsion

technology, and proven manufacturing capability. A primary objective of this approach

was to minimize vehicle development costs.

A basic Saturn V-derived configuration was selected after consideration of the

requirements and constraints, and evaluation of design modularity objectives. The lunar

configuration consists of three core stage elements, including stretched S-IC and S-II stages

and a new TLI stage, and two booster elements. Based on the FLO requirements,

constraints, technology assumptions, and selected configuration approach, numerous

launch vehicle sizing optimization analyses were performed. The sizing analyses

produced several hundred vehicles from which selection was made of the reference
Saturn V-derived, lunar heavy-lift launch vehicle (HLLV) depicted in Figure 4.2.2.1-1. The

reference configuration is compared to the Saturn V launch vehicle in Figure 4.2.2.1-2.
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Figure 4.2.2.1-1 Saturn V-Derived Concept
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410'

SATURN V-DERIVED LUNAR HLLV

Saturn V

Saturn V Derived Lunar HLLV

180'

Figure 4.2.2.1-2 Comparison of Saturn V and Saturn V-Derived Vehicles

The reference Saturn-V derived lunar vehicle is illustrated for the piloted configuration in

Figure 4.2.2.1-3. The vehicle and stage characteristics were defined through an integrated
sizing/optimization process to derive maximum performance capability, subject to the
HLLV groundrules and constraints. A 10 percent contingency factor was applied to all stage
element dry mass estimates for growth margin. The vehicle was sized to an overall height
of 125 m (410 feet), as limited by the desire to utilize the existing VAB facility. Vehicle
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performance capability was estimated to be 97.6 t (215 Klbm) post-TLI payload, after
insertion into a 185 Km (100 nm) circular Earth-orbit. A 72 degree launch azimuth was

found to be the most performance constraining. The maximum ascent acceleration limit

of 4.0 Gs was satisfied with step throttling control along a 43.1 K N/m 2 (900 psf) maximum

dynamic pressure trajectory. The reference vehicle and stage element data presented on
the following pages represent the results of subsystem mass properties build-ups and

ascent performance analyses for the down-selected configuration. Detailed studies to assess
load distributions and ascent stability and control requirements have not been performed.

SATURN V DERIVED LUNAR HLLV
MAXIMUM PAYLOAD CONFIGURATION

Diamete¢ / Length : 37.7 ft. / 47.4 ft.

Mass : 23, S60 Ilom

_GoroStaea III - tSeoaralt Tanks)
1 J-2S Engine (Tvac : 265 Klbf eL)
Inert Mass = 47,037 Ibm

Reserve Propellant = 2,955 Ibm
Burned Propellant = 295,537 Ibm

rvore Stana II - (Common Bulkhead Tank

6 J..2S Engines (Tva¢ = 265 Klbf ea.)
Z_S..II Longth : 21.5 ft.
Inect Mass = 133,968 Ibm
Rlmerve Propeil41nt = 14,793 Ibm

Burned Propellant = 1,383,912 Ibm
Stage Ii/1111rlterstage Mass = 9,050 Ibm

Cam Staoo I -/_4Oatlta Tlnks_

S F-1A Engines (Tsl = 1.8 M|bf eat.)

a SiC Longth = 22.4 #.
Inoft Mares = 460,836 Ibm
Usable PropeilanZ = 6,016,144 Ibm

Stage VII InZemtage Mass = 10,751 Ibm

R,tn_mrs (lulchl. (._,mirati Tardcsl
2 F-1A Engines (Tid = 1.8 MIb| ca.)

Mauls = 166,843 Ibm
Usable PmpellanZ = 2,172,377 Ibm

pERFORMANCE WITH 2 BOOSTERS

100 nm. Circ. 1 P__
I

)ayload 560.7 Klbm 215 Klbm I

(254.4 t) (97.6 t) I

I
I Post-TLI Payload + TLI Slage J

Glow : 13.3 M Ibf

T/W_Io : 1.21

Max. Dyn. Pressure = 900 ps/.
Max. Acceleration = 4.0 Gs

Throttling: Boosters & Core Stage I

(TS_.step)

Notes

• Vehicle Core Scarred for 4 Boosters

• Launch Azimuth : 72 deg.

Figure 4.2.2.1-3 Saturn V-Derived Reference Configuration Specification
Summary

The configuration consists of two boosters and three core stage elements of diameter 10 m

(33 ft): a stretched S-IC, a stretched S-II, and a new TLI stage. The booster elements provide

thrust augmentation for a total vehicle lift-off thrust of 72 million N (16.2 Mlbf), yielding a

lift-off thrust-to-weight ratio of 1.21. Each booster element provides 16 million N (3.6

Mlbf) sea-level thrust, utilizing two F-1A engines, and had a total fueled mass of 1,061 t

(2.34 M.lbm). The boosters are configured with separate RP-1 and LOX tanks providing a

total usable propellant mass of 985 t (2.17 Mlbm). The booster diameter is 6.6 m (21.7 feet).
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Core stage I is a modified S-IC, stretched 6.8 m (22.4 ft), providing an RP-1/LOX propellant
mass of 2,730 t (6.018 Mlbm). Five F-1A engines deliver a total stage sea-level thrust of 40

million N (9 Mlbf). Mass properties estimates were incorporated to reflect the significant

stage structural modifications required for the increased thrust loading of the F-1A engines
and for the loads imposed by the booster elements onto the S-IC stage. The stage mass has

also been scarred with additional structure required for a four-booster Mars configuration.

The effects of the stage stretch and structural enhancements increase the stage dry mass

approximately 39 percent with respect to the S-IC. The total fueled stage mass is 2,944 t

(6.49 Mlbm). Core Stage 1I is a modified S-II stretched 6.5 m (21 feet), and provides an

LH2/LOX propellant mass of 635 t (1.4 Mlbm). Approximately 6.7 t (14.8 Klbm) of reserve

ascent propellants are included. The S-II common bulkhead tank configuration has been
retained in the interest of minimizing the overall vehicle height. Six J-2S engines, as

compared to five J-2s on the original S-H, provide a total stage vacuum thrust of 7.1
million N (1.59 Mlbf). The increased stage length, additional engine, and structural

modifications required for the additional thrust loads result in an increase to the S-II dry

mass of approximately 42 percent. The total fueled stage mass is 700 t (1.54 Mlbm). Core

stage III is a new stage element which was designed for the TLI maneuver, and was not
used suborbitally during ascent. The TLI stage is 17 m (56 feet) in length and utilizes

separate LH 2 and LOX tanks that provide a usable propellant mass of 135 t (298 Klbm). A

single J-2S engine is used for main propulsion. The estimated total vehicle gross lift-off

mass is 6,033 t (13.3 Mlbm).

Ascent trajectory analyses were performed for all candidate vehicle configurations which

were down-selected from the sizing/optimization process, in order to verify lunar

mission payload capability objectives and to ensure satisfaction of the ascent constraints.

Configurations which met all objectives were carried through to final selection. Those

configurations not meeting the payload objectives or study groundrules were either

refined through subsequent sizing iterations or eliminated from consideration.

The ascent performance analyses conducted during this phase of study were three degree-

of-freedom trajectory simulations. Analyses to assess stability and control requirements of

the reference vehicles are to be addressed in later phases of study. The trajectory

simulations are performed from a Kennedy Space Center (KSC) launch site and utilize a

1963 Patrick Air Force Base atmosphere model. The launch vehicle configuration and

mass properties, defined during the sizing process, along with the propulsion system

specifications for the F-1A and J-2S engines were used to simulate the vehicle

characteristics.

Trajectory simulation event sequences are modeled after the mission profile previously
described. After tower clearance, the vehicle pitch-plane steering profile was optimized

through iterative trajectory evaluations to define the maximum vehicle payload capability,

subject to two primary ascent performance constraints. The constraints to be satisfied are a

maximum dynamic pressure level less than or equal to 43.1 K N/m 2 (900 psf) and a 4 Gs

maximum acceleration level. No groundrules were imposed for maximum Q-alpha
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constraints. Lunar HLLV trajectory simulations were performed from a worst case launch

azimuth to ensure that payload requirements would be satisfied from any azimuth within

the required capability range of 72 to 108 degrees.

Figures 4.2.2.1-4, 4.2.2.1-5, 4.2.2.1-6, and 4.2.2.1-7 present a summary of the geodetic altitude,

dynamic pressure, acceleration, and Earth-relative velocity profiles that were generated

from the ascent trajectory simulation for the reference lunar PILLV. The optimized

trajectory profile achieves a peak dynamic pressure of 43.1 K N/m 2 (900 psf), the upper
constraint limit, at approximately 85 seconds into ascent. No engine throttling is required

for dynamic pressure control. The maximum acceleration constraint is satisfied during

ascent through the use of a dual throttling sequence with the booster and modified S-IC

stages. At a trajectory simulation time of approximately 146 seconds, the first occurrence of
a 4 Gs acceleration level is encountered and the four F-1A engines of the boosters are

simultaneously step-throttled to 75 percent RPL for acceleration control. The booster

engines remain at this power setting for the duration of their burn sequence. At a
simulation time of approximately 155 seconds, prior to booster staging, a 4 Gs acceleration

level is encountered for the second time at which point the five F-1A engines of the

modified S-IC stage are simultaneously step-throttled to 75 percent RPL to maintain

acceleration control. The five F-1A engines remain at this power setting for the duration

of the stage burn. Booster propellant depletion occurs at a simulation time of

approximately 168 seconds, at which point the booster staging event occurs. As illustrated

in Figure 4.2.2.1-5, the vehicle achieves a 4 Gs acceleration level for a third time, just prior

to the booster staging event. Burnout and jettison of the modified S-IC stage occur next, at

approximately 189 seconds into ascent. Ignition of the six J-2S engines on the modified ,9-1I

stage follows, and all engines are operated at a 100 percent RPL throughout the duration of
ascent. At an altitude of 122 km (400,000 ft), which is attained at approximately 234 seconds

into ascent, the launch escape system (LES), on piloted missions, and payload shroud are

sequentially jettisoned. A performance sensitivity analysis against LES jettison time
indicated that the impact of carrying the LES to shroud jettison altitude was not significant.

The ascent sequence is complete with shutdown and jettison of the modified S-II stage,

when the orbital insertion targets for the 185 km (100 nm) orbit are attained at a simulation

time of approximately 572 seconds.
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5°0000

Figure 4.2.2.1-4 Reference Ascent Trajectory Geodetic Altitude Profile

Figure 4.2.2.1-5 Reference Ascent Trajectory Dynamic Pressure Profile
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Figure 4.2.2.1-7 Reference Ascent Trajectory Relative Velocity Profile
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4.2.2.2 Booster Element

The reference booster configuration and mass properties data are presented in Figure

4.2.2.2-1.

SATURN DERIVED HLLV
BOOSTER CHARACTERISTICS

(ALL MASSES IN LBM)

64
FORWARD STRUCTURES & NOSE CONE 11,330

ATTACH & SEPARATION 17,764

LOX TANK 5,612

INTERTANK 11,931
RP-1 TANK 2,346

AFT STRUCTURE5 3,746
SECONDARY STRUCTURES & FAIRINCS
TANK INSULATION 730

THRUST STRUCTURE & HOLD-DOWN 9,580
ENGINE (2 F-1As) 38,0O0
ENGINE MOG.'NTS 404
BASE HEAT FROTECIION 1,912

LOX SYSTEM 8,091

RP-1 SYSTEM 5,664
TVC (GIMBAL SYSTEM) 5,219
ELECTRICAL HYDRAULIC, & POWER SYSTEMS 3,219

2,976
AVIONICS 13,193
CONTINGENCY

DRY MASS 148,119

RESIDUALS 21,724

INERT MASS 169_43

TOTAL USABLE PROPELLANT

TOTAL STAGE MASS

2,172,377

I limB

I
I

LOXI 64.7'

RP-1

Figure 4.2.2.2-1 Saturn V-Derived Booster Mass Properties Summary

A 6.6 m (260 in.) booster diameter was selected on the basis of earlier studies and sizing

considerations regarding the forward booster attach location. Results from vehicle sizing

optimization trade studies performed during early phases of this study indicated that the

optimum booster burn duration was relatively insensitive to variations in booster
diameter, across the diameter range evaluated. For the propellant volume requirements

corresponding to these durations, a 6.6 m (260 in.) diameter provided acceptable attach
locations and was therefore selected as the baseline. Subsequent HLLV sizing analyses

were performed using this diameter to arrive at the reference booster system definition,
which has an overall length of 47.3 m (155 ft) for the maximized payload, length-

constrained, lunar HLLV. With the constraints and assumptions imposed on the Saturn V-

Derived HLLV configuration during this study phase, it was unnecessary to consider trade
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studies for the number of engines per booster since a minimum of two engines was

required to achieve acceptable lift-off thrust-to-weight ratios and a greater quantity would
have resulted in unacceptable vehicle acceleration levels for practical burn durations.

Additionally, a minimum number of engines was desired in the interest of enhancing

vehicle reliability and cost. From a numerical reliability perspective, overall vehicle or

element reliability is decreased with any relative increase in the number of engines and

the requisite propulsion feed subsystem components, presuming that the numerical

reliability is known for each engine and feed subsystem component. It is true, however,

that the ability of the vehicle to successfully achieve the desired orbital insertion

conditions, after having sustained an engine-out condition, can be enhanced from a

performance perspective with a relative increase in the number of engines. Since there
was no explicit requirement to provide mission success capability after sustaining a booster

engine out, a minimum number of engines was preferred. The booster hardware was
assumed to not be reusable or recoverable. Consistent with the NLS-derived reference

vehicle, standard 2219 aluminum was selected for all major primary and secondary

structural elements.

The tabulated booster subsystem mass properties were estimated on a basis consistent with

Saturn V design philosophy and materials. For purposes of this study, acceptable forward

attach locations for the strap-on boosters were limited to the forward skirt and nose cone

regions of the booster and to the forward skirt and interstage regions of the modified S-IC

stage, in order to avoid structural attachment into barrel segments of an oxidizer tank. It
was assumed, based on historical design experience, that greater design complexity would

be incurred if the booster forward attach location was anywhere on the first stage liquid

oxygen (LOX) tank, rather than at the interstage or forward skirt. On the reference vehicle,
the forward attach location joined the booster nose cone to the forward skirt assembly of

the modified S-IC stage and the aft attach location joined the stage elements via the thrust

structure assemblies. The booster thrust loads are transmitted to the core vehicle through

the booster's diagonal aft attach struts. Booster lateral loads are transmitted to the core

vehicle at the booster's horizontal aft and forward attach struts. The attach strut hardware

was placed at the booster thrust structure and forward skirt elements, which is more

structurally efficient than being at the pressurized volume of the booster propellant tanks.

Booster propulsion is supplied by two F-1A engines that are attached to the aft thrust

structure assembly, which transmits thrust loads to the core vehicle elements. The

baselined load path reacts the booster thrust loads directly into the thrust structure

assembly of the modified S-IC core stage via the thrust struts at the aft booster attach

location. The booster thrust structure assembly supports the booster while on the pad or at

test facilities and serves as the primary attach structure for the base heat shield, engine

fairings, engine actuators, and propellant lines. Mass properties for the aft structure

assembly were estimated assuming design similarity to the S-IC stage thrust structure

arrangement of ring frames, stiffeners, and thrust posts. The propellant container

assembly consists of two separate, cylindrical tank configurations with the fuel (RP-1) tank

located aft and the oxidizer (LOX) tank located forward. Both tanks were assumed to be of

similar construction to that of the S-IC propellant tanks, and are characterized by ring baffl_

strengthened, integrally stiffened cylindrical skin segments joined to eUipsoidal (q2 ratio o
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semi-major to semi-minor axes) upper and lower bulkheads. The RP-1 tank was

composed of a 8.2 m (26.9 ft) cylindrical segment and two bulkhead segments of 2.3 m (7.7
ft) in length each, providing 387 m 3 (13,670 ft 3) of container volume. The LOX tank

cylindrical segment was 15 m (49.4 ft) in length and utilized bulkhead segments of the

same geometry as the RP-1 tank, producing a container volume of 623 m 3 (21,985 ft3). The
intertank assembly was assumed to utilize a longitudinally stiffened skin structure,
stabilized by internal ring frames similar in design to the S-IC intertank. The assembly

provides structural continuity between the cylindrical tank segments and allows for a 0.9
m (3 ft) clearance between tank bulkheads. The forward skirt structure joins the oxidizer
container to the nose cone structure and was assumed similar in concept to the stiHened

cylindrical skin structure of the S-IC skirt. A basic ring frame, stiffened skin panel
structure was assumed for the load bearing booster nose cone which connects to a light-

weight non load-bearing nose fairing structure coated with ablative insulation. The nose
cone geometry is a right cone with a 30 degree half angle. Attachment structure mass
estimates for joining the booster elements to the modified S-IC reflect the aft attach thrust
strut structure which reacted axial, lateral, and torque loads and the forward attach support

strut structure, which reacted lateral loads.

Booster performance for the lunar HLLV provides a total of 32 million N (7.2 Mlbf) of sea-

level thrust augmentation at lift-off. Each booster has a total fueled mass of 1,061 t (2.34
Mlbm) and consumes propellant at a rate of 6.1 t/sec (13,350 lbm/sec) during 100 percent

RPL operation. Limitation of ascent dynamic pressure to a maximum of 43.1 K N/m 2 (900

psf) is achieved without throttling of the booster engines. During nominal ascent, the
booster F-1A engines are permanently step-tlxrottled to 75 percent RPL at approximately
146 seconds into flight for vehicle acceleration control. The total booster burn duration is

168 seconds, corresponding to shut-down of the two F-1A engines on each booster.

4.2.2.3 Core Stage I Element

The modified S-IC stage characteristics and mass properties for the reference HLLV are

shown in Figure 4.2.2.3-1. The stage characteristics represent the results of integrated
vehicle sizing analyses performed to define a maximized payload capability configuration
for the 125 m (410 ft) length-constrained lunar HLLV. These analyses consider modified S-

IC stage options with either five or six F-1A engines in conjunction with various engine
combination options on the other core stages. Variations to the S-IC stage length were
assessed simultaneously with length variations to the other core stages, subject to the fixed

overall vehicle height, on the basis of the corresponding staging velocity performance

impacts to post-TLI payload capability. Constraints imposed during the sizing process to
screen out undesirable configurations resulted in practical limitations to acceptable SIC

length modifications. These constraints include boundaries on acceptable ignition and
burnout thrust-to-weight ratios and the limitations imposed on the forward booster attach
location (see booster description). For the down-selected, maximum payload HLLV

configuration, the S-IC stage modifications were characterized by a 6.8 m (22.4 ft) stretch
resulting in a 48.8 m (160 ft) overall stage length (excluding interstage). Total stage usable
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RP-1/LOX propellant capacity was increased to approximately 2,730 t (6 Mlbf) and total stage
mass was increased tO 2,943 t (6.5 Mlbm). The Stage I hardware was assumed to not be
reusable or recoverable, by design. Standard 2219 aluminum was selected for all major

primary and secondary structural elements.

[NTERSTAGE
FORWARD STRUCTURES

LOX TANK
INTERTANK

RP-1TANK
AFT & INSTALL STRUCTURES
SECONDARY STRUCTURES & FAIRINGS
TANK INSULATION
THRUST STRUCTURE
TI_,BASE HEAT PROTECTION
ENGINE (5 F-1As)
ENGINE MOUNTS
RP-1SYSTEM
LOX SYSTEM
TVC (GIMBAL SYSTEM)
ELECTRICAL, HYDRAULIC, & POWER SYSTEMS
SEPARATION SYSTEM
AVIONICS

CONTINGENCY

DRY MASS

RESIDUALS

INERT MASS

TOTAL USABLE PROPELLANT

SATURN DERIVED HLLV
s-Ic STAGE (MODIFIED) CHARACTERISTICS

(,M.L MASSES LBM)

9274
5A43

49,212
122.86

33,053
5_4L_
7,39O
1,367

91,6%
4,109

95,000
1J)11

14,159
20,227
13,046
52O9
2,185
3,396

37A00

411AO6

60,181

470,587

6_018,144

TOTAL STAGE MASS 6,489,7"31I

LOX

TAGE MA_ FRACTION

CLUDES INTERSTAGE)

TAGE IGNITION T/W

TAGE BURN TLME

I
1.21 I

189 SECONDS,

Figure 4.2.2.3-1 Saturn V-Derived Core Stage I Mass Properties Summary

The modified stage mass properties were estimated assuming no significant changes to

design philosophy or materials used on the S-IC. Stage propulsion was provided by five F-

1A engines supported by a modified thrust structure assembly. The skin stringer frame
configuration of the S-IC thrust structure was strengthened to account for the increased
thrust level of the F-1A engines as well as to react the thrust loads of the attached booster

elements. The assembly provides support for the base heat shield, engine fairings, engine
actuators, and propellant lines, and contains the hold-down structure for vehicle restraint

during thrust build-up/check-out. Modification to the base heat shield was required for
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the increased radiant heating environment induced by the F-1A engine thrust levels and

the proximity of the booster engines. The S-IC fin assemblies were removed in
consideration of the attach locations for the booster elements. The integral propellant

container configuration is similar to that of the S-IC and was modified to accommodate

increased fuel and oxidizer capacities. The aft RP-1 tank was sized with a 8.7 m (28.7 ft)

cylindrical segment connecting to two ellipsoidal (42 ratio of semi-major to semi-minor
axes) bulkhead segments each 3.6 m (11.7 ft) in length, for an overall stretch of 2.7 m (9 ft)

relative to the S-IC fuel tank. Total fuel container volume was increased to 1,073 m 3

(37,860 ft3). The LOX tank, located forward, was lengthened approximately 4.5 m (15 ft)

relative to the S-IC oxidizer tank. It incorporated a 17 m (55.7 f't) cylindrical segment and

two bulkhead segments similar in geometry to the fuel tank bulkheads, resulting in a total

oxidizer container volume of 1,726 m 3 (60,900 ft3). The intertank assembly structural joins

the cylindrical tank segments and was assumed to be analogous in design to the S-IC

corrugated skin, frame-stiffened intertank structure. A 0.9 m (3 ft) clearance was provided
between tank bulkheads. The forward skirt structural assembly joins the cylindrical

segment of the oxidizer tank to the interstage structure using the same structural

configuration as the S-IC skirt. The forward skirt structure serves as the attach location for

the booster forward attach struts and reacts the lateral booster loads.

The modified S-IC core stage delivers 40 million N (9 Mlbf) total sea-level thrust. At 100

percent RPL engine operation, stage propellant is consumed at a rate of 15.1t/sec (33,370

lbm/sec). Maximum ascent dynamic pressure is limited to 43.1 K N/m 2 (900 psf) without

requiring throttling of the core stage engines. During nominal ascent, the five F-1A

engines are permanently step throttled to a 75 percent RPL at approximately 155 seconds

into flight in order to provide ascent acceleration control. The total stage burn duration

was 189 seconds, and corresponds to shut down of the five F-1A engines.

4.2.2.4 Core Stage II Element

Characteristics and mass properties for the modified S-II stage of the reference HLLV

configuration are provided in Figure 4.2.2.4-1. The stage definition was derived on the
basis of the integrated HLLV sizing analyses performed for a maximized payload capability

lunar vehicle, constrained to a 125 m (410 ft) overall height. The sizing analyses

considered modified S-II stage options with either five or six J-2S engines in conjunction

with various engine combination options on the other core stages. Length modifications

to the S-II stage were evaluated simultaneously with length variations to the other core

stages, subject to the fixed maximum HLLV height, on the basis of the corresponding

staging velocity performance impacts to post-TLI payload capability. A constraint imposed

during the sizing process to discriminate those configurations with unacceptably low

ignition thrust-to-weight ratios for the modified S-II stage resulted in some limitation to
the domain of length modifications. Evaluation of the numerous vehicles defined during

the sizing analysis process against the criterion of maximizing payload led to selection of

the reference HLLV incorporating a modified S-II stage characterized by a 6.6 m (21.5 ft)
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stretch, for a 31 m (102 ft) total stage length (excluding interstage), and a propulsion

configuration of six J-2S engines. All vehicles sized with modified S-IT stages utilizing five

J-2S engines were found to have either less performance capability or characteristics which

violated imposed H'LLV constraints (e.g., unacceptable first stage acceleration levels) for the

125 m (410 ft) configuration. The modifications to the S-II stage increased the stage usable

LH2/LOX propellant capacity to approximately 634t (1.4 Mlbm) and increased the total stage

mass to 700 t (1.5 Mlbm). The Stage 1I hardware was assumed to not be reusable or

recoverable, by design. Standard 2219 aluminum was selected for all major primary and

secondary structural elements.

SATURN DERIVED HLLV
S-II STAGE (MODIFIED) CHARACTERISTICS

(ALL MASSES IN IBM)

INTERSTAGE 9,774

FORWARD STRUCTURES 5,443
LH2 TANK (COMMON BULK}'IEAD) 30,010
LOX TANK (COMMON BULKHEAD) 13,999
AFT STRUCTURES 5,443

SECONDARY STRUCTURES 905
TANK INSULATION 3,461

TI_, BASE HEAT PROTECTION 584
THRUST STRUCTURE 636O

ENGINES (6 J-2Ss) 22,8OO
ENGINE MOUNTS 159

LH2 SYSTEM 3,975
LOX SYSTEM 3,180

TVC (GIMBAL SYSTEM) 2,Ob'l
ELECI'RICAL ItYDRAULIC, & POWER SYSTE_ 2296

SEPARATION SYSTEM 623
AVIONICS 2.52O

CON'rlN_-NCY 11,..X58

DRY MASS 124,941

RESIDUALS 13,830

IN-FLIGI-I'T LOSSES 5,947

MASS _44,718

TOTAL USABLE PROPELLANT 1396,705

I TOTAL STAGE MASS I_43A23 J

S'rAGE MASS FRACTION

(INCLUDF.S _AG£)

STAGE IGNrrION T/W

STAGE BURN TIME

10.75

383 SECON'I_

V

LH2

7L0 '

I(R.0'

Figure 4.2.2.4-1 Saturn V-Derived Core Stage II Mass Properties Summary

Stage mass properties estimates were developed in the same manner as with the other
vehicle elements, assuming basic S-II stage design and materials properties. The stage

propulsion was supplied by the six J-2S engines attached to a modified thrust structure

assembly. A configuration similar to the S-TT design was assumed, consisting of a conical

thrust structure arrangement, center support assembly, and engine mount frame, but is
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modified to accommodate six engines and the increased loads. The thrust structure

assembly reacts the engine thrust loads into the aft skirt of the stage and provides support

for the base heat shield and propellant feed lines. Boost loads from the lower stages are

transmitted via the aft interstage to a structurally modified aft skirt assembly, which

attaches to the cylindrical segment of the stage oxidizer tank. A common bulkhead

propellant container arrangement similar to the S-II configuration was used for the
modified S-II stage for overall length efficiency. The integral oxidizer tank was sized with

ellipsoidal (q2 ratio of semi-major to semi-minor axes) bulkhead segments, each 3.6 m (11.7

ft) in length, connected by a 1.4 m (4.7 ft) cylindrical section to accommodate increased LOX

capacity. The forward LOX tank bulkhead serves as the aft bulkhead of the fuel tank. The

8.5 m (28 ft) oxidizer tank provides a total volume of 490 m 3 (17,325 ft3). The integral fuel

container incorporates an eUipsoidal forward bulkhead, similar in geometry to the oxidizer

bulkhead, and a 18.1 m (59.3 ft) cylindrical segment which extends to the base of the

common bulkhead. The RP-1 container volume was increased to 1,437 m 3 (50,710 ft.3). All

ascent reserve propellants, totaling approximately 6.7 t (14,800 Ibm), are carried within this

stage. A modified forward skirt structural assembly is joined to the base of the fuel tank

forward bulkhead using a structural configuration similar to the S-II.

The modified S-II stage delivers 7.1 million N (1.59 Mlbf) total vacuum thrust and has a

design burn duration of 383 seconds. Stage propulsion is operated continuously at 100

percent RPL and consumes propellant at a rate of 1.65 t/sec (3,645 lbm/sec).

4.2.2.5 TLI Stage Element

The TLI stage characteristics and mass properties of the reference HLLV configuration are

provided in Figure 4.2.2.5-1. The stage configuration selection is based on the results of

integrated HLLV sizing analyses which were performed for a 125 m (410 ft), maximum

payload capability vehicle. A 10 m (33 ft) diameter is baselined for the TLI stage to provide

tooling commonality with the modified S-IC and S-II stages. TLI stage options using either

one or two J-2S engines are considered in combination with various engine configurations

on the other core stages to define the vehicle configuration with maximum payload

performance. The spectrum of vehicles defined by the sizing analyses consider TLI stage

options both with and without sub-orbital operation phases. Variations in TLI stage length
are evaluated simultaneously with length modifications to the S-IC and S-II stages, for a

fixed vehicle height of 125 m (410 ft), by assessing the corresponding staging velocity

performance impacts to post-TLI payload capability. A constraint is applied during the

sizing process to screen out vehicles incorporating TLI stages which would operate

suborbitally with unacceptably low ignition thrust-to-weight ratios. The constraint results

in practical limitation to the extent of TLI stage length variations under consideration.
Evaluation of the matrix of vehicles, defined during the sizing process, using the study

groundrules and the criterion of maximizing payload, leads to selection of the reference

HLLV incorporating a TLI stage not designed for sub-orbital operation. Performance gains
associated with suborbitally operated TLI stage options are small for the single J-2S

configurations. For these configurations, the growth in TLI stage mass necessary to deliver
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the required lunar mission payload, for even short sub-orbital operation segments,
degrades the overall ascent performance for the majority of vehicles evaluated, as a result
of low ignition thrust-to-weight ratios. All vehicles which incorporate two-engine TLI

stage options are capable of longer duration sub-orbital phases, however, overall payload
performance for these vehicles is not found to exceed the reference HLLV capability, when
the HLLV sizing was performed for fixed 125 m (410 ft) height configurations.
Consequently, the attributes of only a single engine and only a single engine-start for the
TLI stage are reflected in the reference configuration. The new TLI stage element is
characterized by a usable propellant capacity of 135 t (298,500 Ibm), a total stage mass of

approximately 157 t (345 Klbm), and a stage length of 16.6 m (55 ft). The TLI stage hardware
is assumed to not be reusable or recoverable, by design. Standard 2219 aluminum is

selected for all major primary and secondary structural elements.

SATURN DERIVED HLLV
TLI STAGE CHARACTERISTICS (REF. MSFC)

(ALL MASSES IN IBM)

FORWARD SKIRT
LH2 TANK 5,620
IN'II_TANK 8,930
LOX TA.NK 4,310
AFT STRUCTURE 2,715

TPS, BASE HEAT PROTECTION 2.,628
ENGINE (IJ-2S) 3,700
THRUST STRUCIX_E 1,472

PROPULSION SUBSYSTEMS 4,170

TVC (GIMBAL SYSTEM) 4OO
SEPARATION SYSTEM 118
RCS 897

AVIONICS 2.2OO
CO_GE2_CY 4,000

DRY MASS

RESIDUAI_ ÷ RCS PROPELLANT

INERT MASS

PROPELLANT

RESERVE PROPELLANT

44,_9

2,638

47_S7

2_,507

2,985

29S,492TOTAL USABLE PROPELLANT

TOTAL STAGE MASS 34.5,529]

S'rAGE MASS FRACTION 0"8641

STAGE IGNITION T/W 0.48

STAGE BURN TIME 486 SECONDS

Figure 4.2.2.5-1 Saturn V-Derived TLI Stage Mass Properties Summary

The mass property estimates for the reference HLLV TLI stage are developed on the basis of
similar assumptions as applied to the other stage elements. The single J-2S engine is
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attached to a conical thrust structure assembly which transmits the thrust loads into the

intertank stage structure. A basic skin-stringer-frame configuration is assumed for the

interstage structure. The propellant tank assembly consists of two separate, non-integral,

ellipsoidal tank configurations with the oxidizer (LOX) tank located aft and the fuel fRP-1)
tank located forward. The 6.6 m (21.5 ft) diameter oxidizer tank is sized with eUipsoidal (_2

ratio of semi-major to semi-minor axes) bulkheads each 2.3 m (7.6 ft) in length. The total

oxidizer tank volume is approximately 104 m 3 (3,670 ft3). The 9.4 m (30.7 ft) diameter

ellipsoidal fuel tank utilizes bulkheads which were each 3.3 m (10.8 ft) in length and

provides a total container volume of approximately 305 m 3 (10,760 ft3). Mass property
estimates for the non-integral propellant tanks include the mass of attach structure

required to join the tank assembly to the intertank structure. A forward skirt structure,

similar in concept to the S-IX stage skirt, structurally joined the intertank assembly to the

payload shroud transition structure and transmitted the loads from the lower stages.

The reference HLLV TLI stage delivers 120 t (265 Klbf) total vacuum thrust and has a design

burn duration of 486 seconds. The single J-2S engine is operated continuously at 100

percent RPL throughout the burn duration and consumes propellant at a rate of 276 Kg/sec

(608 lbm/sec).

4.2.3 Aerodynamics

HLLV aerodynamic forces during ascent are simulated using reference aerodynamic

coefficient data developed by Boeing in 1966 for similar Saturn V-Derived vehicle

configurations, equipped with up to four strap-on booster elements. During early phases

of the study, comparative trajectory simulations were completed with a lunar I-ILLV, using

both the referenced HLLV aerodynamic data and aerodynamic force data developed for

simulations of the National Launch System (NLS) HLLV configuration. Results of the

simulations demonstrate greater performance capability in the case which used the NLS

aerodynamic data. Since the Saturn V-Derived vehicle aerodynamic data are considered

more conservative, they were baselined for all subsequent performance analyses.

Aerodynamic force sensitivities to the specific payload shroud configurations under

consideration, have not been accounted for in the present analyses. Power-on base effects

aerodynamics were assumed to not be major configuration design drivers, and thus were

not modeled or assessed.

4.2.4 Stability and Control

It is assumed that both the boosters and core vehicle would require some form of TVC,

since the boosters separate from the core vehicle prior to core first stage burn-out. The

mass properties for the vehicle reflect estimates of the TVC hardware requirements.

Stability and control analyses have not yet been performed to ascertain the degree of

control authority between the boosters and core vehide during first stage, nor the precise

timing of any control authority hand-over from the boosters to the core vehicle.
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4.2.5 Manufacturing Facilities and Tooling

It is assumed that the stage propellant tanks, interstages, and intertanks will be

manufactured at MAF. Maximum utilization of existing MAF infrastructure is also

assumed. In consideration of demonstrated manufacturing capability and the potential

for reduced manufacturing equipment costs, the SIC / S-II stage diameter of 10 m (33 feet)

was baselined for the core stage elements of the Saturn V-derived configuration.

Feasibility and sensitivity studies for increased core stage diameters have not been

addressed.

4.2.6 Schedules

Figures 4.2.6-1, 4.2.6-2, 4.2.6-3, and 4.2.6-4 display preliminary schedules for the

development and acquisition phases of a Saturn-derived S-IC stage, S-II stage, TLI stage,

and boosters, respectively.

The major features of the schedules are a two-year in-house preliminary definition study,

immediately followed by a five-year Phase C/D, beginning in early Fiscal Year (FY) 1995.

Initiation of the preliminary definition studies in the last quarter of FY 1992 would be

necessary to accommodate a launch in 1999. These schedules also show estimates for long

lead item procurement and fabrication requirements for the major Saturn-derived HLLV

subsystems.
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Figure 4.2.6-1 Saturn V-Derived Stage I Development & Acquisition Schedule
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SOFTWARE
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Figure 4.2.6-2 Saturn V-Derived Stage II Development & Acquisition Schedule
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Figure 4.2.6-3 Saturn V-Derived TLI Stage Development &
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Figure 4.2.6-4 Saturn V-Derived Booster Development & Acquisition Schedule
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5. Payload Shroud

5.1 piloted and Cargo Versions

5.1.1 Shroud Specifications

Figure 5.1.1-1 illustrates the lunar payload shroud configurations. Three configurations
are shown: cargo shroud with a biconic nosecone (15 deg/27.6 deg) and a piloted and cargo
shroud using a common diameter and nosecone shape. The biconic has better

aerodynamic characteristics, but because it cannot accommodate the piloted abort

requirements using a common shroud, the latter two are selected as the reference.

Non-Load Bearing

Usable Volume

Nose Cap Mass

Cyl. Section Mass

Biconic Nosecone

it I

"_- 36 ft"-'_

33 ft D x 60 ft L

11,145 Ibm

24,378 Ibm

35,523 Ibm

from Biconic

Piloted

_'- 47.35 ft

33 ft D x 33.6 ft L
5,100 Ibm

12,280 Ibm

17,380 Ibm
Reference

-880 Ibm

Cargo

_---37.8 ft_._

33 ft D x 60 ft L

5,740 Ibm

22,500 Ibm

28,240 lb

-1500 Ibm

Figure 5.1.1-1 Payload Shroud Configurations

The payload configurations were unknown until the close of the study, therefore all
aerodynamic and structural analysis assumed the biconic shroud shape. The shrouds are

not designed to support the payload in the axial direction, but have some lateral support

capability. The payloads are essentially supported at their base by the forward adapter of the
core. The shroud usable diameter is 10 m (33 ft), which is a study requirement. Based on
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preliminary structural analyses, the shroud's outer diameter is approximately 38 feet. This

is driven by the depth of the ring frame where payload lateral loads are removed. The

shrouds are constructed using Aluminum 2219 isogrid skins and ringframes. The

nosecone 42 degree half angle is driven by the piloted lunar lander, ascent stage, and cargo

size. The cylindrical section length is driven by the lander, ascent stage (if required), and

habitat (if required) length. The piloted crew module and launch escape system protrude

through the top portion of the nosecone, for launch abort capability.

Table 5.1.1-1 compares the NLS-derived reference shroud specifications with those of the

baseline NLS payload shroud.

Table 5.1.1-1 Mass Properties Comparison Between NLS and NLS-Derived
Shrouds

SHROUD 9 RESULTS COMPARISON
nl

Shroud Components

Nose Cone

Shroud Cylinder

Separation

Shroud Total

Shroud Adapter

Skirt

Adavter Total

NLS

1,361 Ibm

10,364 Ibm

766 lbm

12,491 lbm

9,355 lbm

1,093 lbm

10,448 Ibm

NLS-Derived

10,771 lbm

22,486 Ibm

1,145 Ibm

34,402 Ibm

9,362 Ibm

1,280 Ibm

10,642 Ibm

5.1.2 %/ehicle Aerodynamics and Performance

See the aerodynamics and performance trade study results in Section 7.3.1.
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6. Test Program and Facilities

6.1 Propulsion System Test Program and Facilities

6.1.1 Baseline

A groundrule was established that individual engine testing would be performed both

during the developmental phase and the operational phase, the latter equating to a flight

readiness qualification firing. The complete engine/main propulsion feed subsystem

integrated test will be performed only during the developmental phase, at which time the

system design would be qualified. Functional component testing and flight readiness
certification of the propellant feed subsystem will be performed at the manufacturing

facility during the operational phase.

It is assumed that the Stennis Space Center (SSC) will be used as the primary facility for

full-scale propulsion article testing. There are four engine/stage class test stands at SSC

and they are identified as A-1 and 2 and B-1 and 2. The B stands are designed for higher

thrust levels than the A stands. These stands were built during the Apollo program for

ground testing of S-IC and S-II development and flight stages. All of the S-II stages and all,
but the initial S-IC flight stages, were tested at SSC and shipped to KSC. Subsequent to the

Apollo program, all of the stands, except B-2, were modified for development, qualification

and flight testing of the SSMEs and this testing continues today. Test stand B-2 was

modified and used to test the Space Shuttle Main Propulsion Test Article (MPTA). This

stand is currently inactive and the facility remains in the MPTA configuration.

In support of NLS program planning, SSC has committed to convert B-1 to a dual position

STME test stand and B-2 to an engine cluster/main propulsion feed system test stand. The

Shuttle program has agreed to scale back to two SSME test stands (A-1 and A-2), beginning
in FY95. For the purposes of this study, SSC has assumed that it must meet the

requirements of all three programs (NLS, SSME and FLO). Based on the two baseline

vehicle options and the groundrule that SSC would be the location of engine and

propulsion system testing, SSC's recommendations are discussed in the following two

sections.

6.1.2 NLS-Derived Vehicle

Table 6.1.2-1 summarizes the SSC test stand resources that would be available if the SEI

program was supported concurrently with the NLS program. To meet SSME program

requirements, SSME testing should continue on test stand A-2, which has a diffuser to
simulate altitude conditions. Historically, SSME test schedules have been constrained by

the lack of engine hardware, not be test facility capability. Therefore, it is feasible to limit

SSME testing to one stand. In addition, SSME altitude start and restart testing can be
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performed through limited modification of the A-2 stand and both programs can be

supported.

Table 6.1.2-1 Stennis Space Center Test Stand Resource Summary

ORIGINAL STAND
Pb'RPOSE

_6C _ 1991

SSCwrl_ NLS

SEI NL.S OPTION
(PROPOSED)

SSC Resources And Test Plans For 51_I - NLS Option

A-1 A-2

SATURN SATURN
S-II S-II

SSME SSME

SSME SSME

STME"I" _ME
I I

RequiresSSME Program Office ap_oval
*" ReCl_ NLS/STME P-_m O_f_ceapproval

B-I

SATURN
SIC

5SME

STME

BOOSTER"

IB-2

SA_
SIC

STS MPTA
INACT.

NLS VEH

NLS VEH

NEW

N/A

NIA

N/A

F-1A

NEW

N/A

N/A

N/A

TLISTAGE

NEW

NIA

NIA

NIA

NIA

|

NEW

NIA

NIA

NIA

NIA

Multiple engine/propellant feed system testing will be required for the core and booster.

Again, because of the thrust levels involved and because construction of single engine
stands is cheaper than construction of stage stands, the B stands are best suited for this

testing.

It is proposed that the "displaced" STME testing be moved to test stand A-l, because of the

existing LOX/LH 2 facilities on this stand. A new stand will be required for LOX/RP-1 F-1A

testing, again based on the commitment of the other stands to other test elements and the

cost advantage noted above.

TLI stage testing will be best suited to a new stand, since vacuum capabilities do not

currently exist at SSC.

6.1.3 Saturn V-Derived Vehicle

To meet SSME program requirements, it is recommended that SSME testing continue on
test stand A-2, which has a diffuser to simulate altitude conditions. Historically, SSME test

schedules have been constrained by the lack of engine hardware, not by test facility

capability. Given this fact and anticipated test rates, it is feasible to eventually limit SSME
testing to one stand. In addition, if the SSME is considered for the Saturn-derived vehicle
and altitude start and restart testing are pursued, the test program can be accomplished

through limited modification of the A-2 stand and both programs can be supported.

The structural support hardware that was previously used for Saturn S-II integrated stage

propulsion testing is still intact and available for use on test stand A-1 at SSC. The stand is
adequate for the increased second stage thrust levels and is recommended for this stage

test.
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The B-1 test stand, previously constructed for Saturn V S-IC testing, can be used for booster

and core vehicle testing, where large thrust levels up to 53.4 MN (12 Mlbf) are involved.

The B-1 RP-1 systems can also be reactivated. STME testing will move to a new stand,

because construction of a new single engine stand is significantly less expensive than

construction of a new vehicle stand.

As noted above, the B-2 stand is targeted by the NLS program for core vehicle testing. If

the NLS core vehicle does come on-line during the time that a FLO HLLV requires testing,

it will be best to allocate the B-2 resources to the NLS vehicle because of the thrust level,

and construct new engine stands as required. In this case a new F-1 test stand and a new J-

2 stand will have to be built for single engine testing. TLI stage testing will be best suited to

a new stand, since vacuum capabilities do not currently exist at SSC.

6.1.4 Unresolved Issues

Major items resulting from the analysis of engine and propulsion system testing included

the following:

• The quantity of different propulsion systems and engines impacts the cost of testing

and the cost of facilities

• Present day environmental regulations dictate that work to address environmental

issues be started immediately, if the October 1999 launch date is to be met

• Without any more detailed information about the modified SSME, F-1A, or

J-2S engines and the proposed vehicle feed systems, it is not possible to take a hard
look at cost cutting and time saving possibilities. Proposed test schedules show less

test time than has been historically required. Use of modified existing or robust engine

designs should enhance the ability to meet reduced schedules, but it is not possible to

assess this issue without more information and discussion.

• Initial reviews would indicate that testing engines in a horizontal, rather than a

vertical, position could result in a cost savings. This issue needs to be pursued in

further detail.

• The required schedules are significant factors relative to the application of test facility

resources (i.e., the ability to sequence testing is reduced)

• Although the rate at which engines are tested is probably a minor factor in

determining annual procurement and production rates, use of test stands below the

test rate capacity does increase test costs. Actions could be taken to determine

optimum production and test rates and plans, once the program reaches maturity, as

one of the new ways of doing business.
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6.2 Complete Test Program and Facilities

Analysis of other aspects of the test program, such as structural tests, material qualification

testing, etc., has not yet been addressed.
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7. Key Trade Studies

Several trade studies were performed to help identify and assess the reference vehicle

configurations, as well as to help identify and assess alternative configurations.

7.1 NLS Derived

7.1.1 Reference Vehicle Concepts

Figure 7.1.1-1 shows selected NLS derived options that lead to the selection of the reference

configuration, shown on the far right. Gross lift-off weight (GLOW), post-TLI payload, and

the mass of the system in low-earth orbit (i.e., prior to TLI burn) are indicated. All

options ignite the booster and core engines at lift-off and hold the core propellant load to
be the same as the current NLS reference core. The options are essentially in chronological

order from left to right. The payload requirement until early March was 76 t post-TLI,

therefore, the three options shown on the left were sized for this requirement. All payload

capabilities shown are the result of optimizing the booster and upper stage propellant
loads, with the exception of the reference configuration's TLI stage. All options except the

three-stage vehicle suborbitally ignite the TLI stage, which has been shown in previous

analyses to significantly increase post-TLI payload performance.

The first option uses NLS 1.5 stage derived boosters (six engine boattall) for maximum

NLS commonality (1.5 stage already a stand-alone vehicle). This option utilizes a single J-

2S engine and delivers 60 t to TLI. Two two-engine F-1A boosters are added to the core
with a five-RL-10A4 upper stage, for maximum commonality with currently proposed

concepts for Lunar Transfer Systems. This option only delivers 54 t to TLI. Addition of a

third engine and an SSME upper stage delivers 83 t to TLI. This launch vehicle is the

reference upon which most of the structural and stability and control analysis is

performed. However, when the payload requirement increases to 93 t, this option (even

with a separate upper stage/TLI stage) cannot meet the requirement with two boosters.

Four two-engine boosters are strapped to the core to meet the new requirement. Four

two-engine boosters are used rather than two four-engine boosters partly because the 4 G

acceleration constraint requires booster engine shut-down in flight. Having four boosters

provides more throttling and shut-down flexibility in order to control dynamic pressure
and acceleration constraints. This configuration is the current NLS-derived reference.
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Figure 7.1.1-1 Reference NLS-Derived Configuration Evolution

Figure 7.1.1-2 shows the sextsitivity of post-TLI payload to booster configuration and upper

stage engine type and propellant load. All options utilize the NLS derived core (1.69 Mlbm

propellant load and 4 STMEs). All two-booster options have three F-1A engines per
element. The four-booster option has two F-1A engines on each strap-on booster. The

addition of a third stage, that is dedicated to the TLI burn only, does not significantly

increase payload over a suborbitaUy ignited combination second stage and TLI stage. The

result is due to the fact that the addition of the extra mass that the second stage has to inject

into LEO is increased over the single stage concept containing two separate tanks, thrust

structure, and an extra interstage, without increasing the thrust of the second stage. It had

also been shown in previous analysis that using an STME with a 45:1 expansion ratio on

the upper stage would produce a curve of the same slope as an SSME, but approximately 10

t (22 Klbm) lower in delivered payload mass and a 91 t (200 Klbm) greater propellant

requirement due to the STME's lower Isp. An STME with a vacuum skirt expansion ratio

of 65:1 will split the difference in half. It has also been shown that the performance

characteristics of two J-2S engines is similar to those of one STME with a 45:1 nozzle
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expansion ratio. RL-10A4 engines having a vacuum thrust of 91.2 KN (20.5 Klbf)

not have sufficient thrust for the payload required.

POST-TLI PAYLOAD CAPABILITY (NLS-EVOLVI_I))

4 LRBs (2 X F-1A ; Prop. Mass = 2.2 Mlbm Each); NE_Derived Core (4 X 650 Klbf STME; 5' LH2 Tank Stretch)
Launch Azimuth = 108 DEC;; F-1A Step Throttle & Shut-Down

105 _ x _ {w_2,,_00-770_0

IUppER STAGE Oi_On: I S× RL!0A4 __;ZO

each do

o

o

o

IO0
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IX STME (65:1)

2x ]-2s

1 X STME (45:1)

2X RL200

85'
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Figure 7.1.1-2 Payload Sensitivity to NLS-Derived TLI Stage Sizing

7.1.2 Common NLS Derived Core/Booster Diameter Approach

In order to maximize vehicle element commonality, minimize vehicle dry weight,

minimize structural and main propulsion subsystem design complexity, and to allow for

performance growth options; all while adhering to facility constraints at the Kennedy

Space Center (KSC), NLS-derived configurations have been designed and assessed that
utilize a common diameter dimension for the boosters, core, and TLI stage. The ground

processing facility physical limitations end up imposing a fundamental limitation on the

design of the vehicle by limiting the vehicle's length in order to utilize the current Vehicle

Assembly Building (VAB). A variety of design options are assessed for each of the NI_

derived configuration elements, as well as for manufacturing methods and vehicle

performance assessments. A three-stage core vehicle concept also is assessed, which
contains the basic NLS core vehicle, a new LOX/LH2 second stage, and a LOX/LH 2 TLI

stage, in addition to two LOX/RP-1 boosters. This configuration helps to identify any
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performance payoffs for replacing two parallel-burn boosters with one series-burn upper

stage.

7.1.2.1 Groundrules and Assumptions

The two most overriding groundrules are the use of common core vehicle and booster

tank diameters, and a length limit on the core vehicle LH 2 tank to no more than 4.6 m (15

ft) greater than that for the SSP ET. The intent of those groundrules is to limit design,

development, test, and evaluation (DDT&E) costs. The 4.6 m (15 ft) tank extension limit is

based upon minimizing the redesign cost impact to an LH 2 tank static load cell at MAF. It

has been identified that 3 m (10 ft) extensions to the ET LH 2 tank can be accommodated

without any design impacts to the load cell. A 4.6-5.5 m (15-18 ft) extension can be
accommodated with minimum to moderate cell modifications. Extensions greater than

5.5 m will result in substantial cell modifications, and equate to the cost of a new check-

out cell. By freezing the core and booster tank diameters to that of the ET and by limiting

the length of the core LH 2 tank, the booster attach point locations become defined a priori.

Limiting the attach points therefore limits the booster propellant loading.

7.1.2.2 Design Options

The biconic shroud is utilized, as it was the reference at the start of the analysis activity,

with the associated mass properties. NLS forebody aerodynamics representing a Titan IV

biconic shroud are also used.

Three engine types are assessed: J-2S, STME, and SSME. Two-engine combinations are
sized for use of STMEs or SSMEs, while use of six or eight J-2Ss is sized. Due to anticipated

main propulsion feed system and thrust structure complexities associated with engine

dusters of greater than four, the J-2S was dropped as a viable candidate. The mass

properties are determined through the use of a mass fraction derived from the S-WB stage,
that was a function of the TLI stage propellant load. It is recognized that the S-IVB used

common bulkheads for the propellant tanks, while the NLS-derived TLI stage does not.

Thus the TLI stage mass fraction is slightly optimistic, although a 10 percent inert mass

margin is also accounted for. A bottoms-up mass properties assessment based upon those

used by NLS is to be performed at a later date. Two propellant loads are sized: one for a

minimum amount based upon a dome-to-dome LOX tank (ET diameter), which gives

267.6 t (590 Klbm) of propellant, and a performance-optimal propellant loading, which

gives 345 t (760 Klbm) of propellant when adhering to the VAB high bay vertical clearance

limit.
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Two engine types are assessed: SSMEs and STMEs. Two-engine combinations are sized.

The mass properties are determined through the use of a mass fraction derived from the S-

IVB stage, that is a function of the TLI stage propellant load. Three propellant loads are

sized, corresponding to 1.5, 3.0, and 4.6 m (5, 10, and 15 ft) extensions to the LH 2 tank.

The NLS reference HLLV core vehicle is used, which contains four STMEs. NLS Cycle 0

mass properties are used and three propellant loads are sized, corresponding to 1.5, 3.0, and

4.6 m extensions to the LH 2 tank.

The F-1A engine is used at two maximum thrust levels: 8 Ml'q (1.8 Mlbf) and 8.9 M:N (2.0

Mlbf) sea level thrust. Three and four-engine combinations are sized. The propellant

loading is sized based upon the location of the core vehicle's attach struts, which was a
function of the LH 2 tank stretch quantity. The mass properties are determined through the

use of a mass fraction derived from the S-IC stage, that is a function of the TLI stage

propellant load. Four different booster engine layouts are assessed for controllability,

structural, and plume heating issues.

Manufacturing Methods

In order to minimize manufacturing and tooling costs, each of the vehicle elements utilize

common stage diameters, common tank domes, common intertanks, common interstages

(where applicable), and separate propellant tank bulkheads. The relative size benefit (and

thus performance benefit) of utilizing common propellant tank bulkheads is assessed for

each of the stage elements.

Vehicle performance Assessments

A three-degree-of-freedom simulation and optimization tool is used to assess the nominal

ascent performance of the candidate vehicle configurations and to help in refining vehide

sizing. The ascent trajectories are optimized subject to dynamic pressure and thrust
acceleration constraints. The dynamic pressure constraint is adhered to during ascent via

two methods: trajectory lofting and stage engine throttling. The acceleration constraint is

adhered to via two methods: stage engine throttling and engine shut-down. NI_ Cyde 0

aerodynamics (forebody and base effects) are also used.
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7.1.2.3 Assessment Results

Stack Lift-off Thrust-to-Weight Ratio

The number of engines to have on each booster is one of the first key design parameters

needing to be assessed. An assessment of lift-off thrust-to-weight ratios is performed as a
function on number of boosters, number of booster engines, booster engine thrust level,

booster propellant load, and core stage propellant load. The candidate vehicle

configurations consist of a core stage, a TLI stage and either two or four boosters strapped
onto the side of the core stage. Two propellant loads are used on the core and booster

stages. Two, three or four F-1As are used on each booster. The F-1A engines are run at two
sea level thrust values. A lift-off thrust-to-weight ratio of 1.25 is considered to be the

minimum acceptable value. Engine-out capability at lift-off is groundruled to not be a

requirement.

The conclusion reached is that vehicle configurations with two F-1As per booster do not

have sufficient thrust to be viable designs. Therefore, vehicle configurations with three

and four F-1A per booster are used in the analysis. Figure 7.1.2.3-1 summarizes the results

of the thrust-to-weight assessment.

STACK LIFT-OFF THRUST-TO-WEIGHT RATIO

F-1As @ 1.8E06 lbf (sea level)

| Stret_ed Core and 2 Boosters

I No l =d _Booster 

Number of F-1As on a Booster

2 F-1As 3 F-1As 4 F-1As

1.051 1.444 1.833

0.951 1.415 1.784
1.099 1.564 2.023

0.989 1.408 1.822

F-1As @ 2.0E06 lbf (sea level)

Number of F-1As on a Booster

2 F-1As 3 F-1As 4 F-1As

I Co eana? o ters
I Nom Boosts=

Rule of Thumb: Minimum nominal thrust-to-weight @ lift-off >/= 1.25

1.1_ 1.558 2.010

1.0_ 1._7 1.9_

1.205 1.722 2.231

1.0_ 1.5_ 2.010

Conclusion: Vehicle configurations with 2 F-1As per booster do not have sufficient thrust

to be viable designs.

Figure 7.1.2.3-1 Lift-Off Thrust-to-Weight
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Stage Mass Fraction Derivations

Propellant mass fractions are used as a means for determining vehicle stage element dry
mass and usable propellant values. In order to enhance the fidelity of the mass properties

calculations, the applicable mass fractions are computed as a function of the desired stage

usable propellant load for each of the candidate engine options.

Engine Layout

A common engine orientation is utilized for either 2-booster or 4-booster NLS-derived

configurations. Figure 7.1.2.3-2 shows the reference engine layout that result from a

qualitative analysis of the following primary design drivers: engine gimbal clearance

(avoiding bell-to-bell hard-over collisions), control authority, thrust structure complexity,

and attach strut length penalties. Convective plume heating is acknowledged to be a

secondary design consideration at the time of the analysis, and will require further

assessment at a later time.

Engine Layout: F-1A Boosters and NLS-Derived Core with Common Diameter
PITCH '_JP" (LVLH)

_---._ YAW ,'RIGHT" (LVLH)

4.8 FT GIMBAL RANGE (1)

GIMBAL RANGE (2)

DYNAMIC CLEARANCE 2 IN.

CORE/BOOSTER CLEARANCE 9 IN.

8.0 FT DIA

12. FT DIA.
27.6 FT O.D. (TYP.)

27.6 FT O.D.

INOTE:

l_ CORE ENGINES DO NOT GIMBAL IN I_ll_ 1 _la_., ] _ (2) +1- 6 DEG. IN ROCK/TILT; MAX. OF

Figure 7.1.2.3-2 Layout of Booster and Core Vehicle
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Placing the booster engines on the propellant tank perimeter simplifies the thrust

structure required to shear the thrust loads into the aft propellant tank (RP-I tank), but

restricts how close the boosters can be clustered about the core vehicle. While being highly

desirable to accept the STME positioning as currently baselined by the NLS program for the

NLS-I vehicle, it is found that the best compromise between booster and core engine

locations and attach strut length is to locate the STMEs slightly inboard of the core tank

perimeter. A minimum dynamic clearance of two inches is maintained between either
booster or core engines, to allow for thrust vector control actuator dither. The desired

locations of the engines on the boosters and core are closely coupled with the design of the

thrust vector control subsystem, and become part of an iterative solution when

considering attach strut lengths and plume heating. If convective plume heating between

F-1A pairs (upper or lower engine pairs, in a local vertical/local horizontal sense) requires

the F-1As to be spaced farther apart, the boosters will not be able to be placed as close to the

core vehicle, necessitating longer attach struts and more core vehicle skin stiffening at the

attach struts.

The booster engines are spaced relative to each other to allow for all four F-1As to be

gimballed if the booster is to be used as a stand-alone launch vehicle. The resulting gimbal
traces of either the are then designed to be within two inches of each other. It is also

assumed that aerodynamic fairings will be required for each booster engine, since their

locations on the booster perimeter will place the engine bells into the freestream flow

during first stage ascent. Since the core engines are not required to gimbal for thrust vector

control during first stage, their inboard location on the core vehicle will shield them from

the first stage freestream flow, therefore not requiring the use of aerodynamic fairings.

Removal of core engine fairings allows the boosters to be placed closer to the core.

Vehicle Description and Performance Summary.

Figure 7.1.2.3-3 summarizes the four candidate lunar HLLV concepts that resulted from

the sizing and assessment of over thirty different vehicle combinations. Two of the lunar
vehicles used four @engine boosters strapped onto an NLS-derived core that used the NI..S

reference five foot extension to the LH 2 tank from the Space Shuttle External Tank (ET)

dimensions. The two vehicles utilized different TLI stage propellant loadings: one

representing the minimum propellant load when utilizing two LOX tank domes together,
263 t(580 Klbm) propellant load; and one representing the maximum TLI stage propellant

load that still kept the total core vehicle length to a value below the VAB highbay door

vertical clearance limitation of 119-122 m (390-400 ft), which was a 345 t (760 Klbm)

propellant load. One of the lunar configurations utilized an extra 3 m (10 ft) of length to
the NLS reference LH 2 tank, or a 4.6 m (15 ft) extension over the current ET's LH 2 tank

length. That particular configuration utilized the minimum TLI stage propellant loading,
in order to assess the effect to payload mass of increasing the core vehicle's propellant load

instead of the TLI stage's propellant load, for a fixed number of engines on each stage. The

results showed that more payload could be gained by increasing the core propellant load

instead of the TLI stage's propellant load. A fourth lunar vehicle configuration used only
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two boosters, but added a second stage on top of an NLS core stage with a 3 m LH 2 tank

stretch. The intent is to assess the payload gain for placing the delta velocity capability into

an upper stage instead of in two extra boosters, for a fixed TLI stage propellant load. The
results show that from a performance standpoint, it is more effective to use two extra

boosters instead of a second stage. The three-stage core with two boosters meets the

payload goal but causes the VAB high bay door clearance limit to be exceeded. Figures
7.1.2.3-4, 7.1.2.3-5, 7.1.2.3-6, and 7.1.2.3-7 summarize the dimensions, performance, and

element mass properties of the candidate configurations.

SUMMARY OF CANDIDATE HLLV CONFIGURATIONS

39O-4OO
ft

F-or all conductions: I

Gor_ 4 STMEs (650K Ibf vac., 100% RPL)
Boost_r_. 4 F-1As (1.SM lbf s.i., 100% RPI0

For upper s,_ ges:
SSME 470K Ibf vac- (100% RPL)

VAB HIGH BAY DOOR VERTICAL CLEARANCE ENVELOPE (APPROX.)

TLI

®

ETco_ +5 ft
590K TLI

Prop.

PAYLOAD POST-TLI

391 ft

TLI TLI
STAGE

154 ft

ETcore + 5 ft

391 ft

ET core +15ft E'r core + 15 R
590K 2rid Stg.

L
I

164

I

Figure 7.1.2.3-3 NLS-Derived
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Lunar Vehicle: Standard NLS Core w/LOX/RP1 Boosters and TLI stage (590 k Ibm propella_O

SHROUD-Usab_ Volume: 33 x60 ft; Mass: 35,500 lb
i :.. . • ........

GLOW: 15,359,000 Ibm

CORE:
Inert Mass: 187.8 K Ibm
Propellant Mass: 1.69 M Ibm

Propellant Type: LOX/LIq2
Engine Type/No.: STME/4
Vac. Thrust (ea.): 650 K lbf
Vac ISP: 428.5 sec

Engine ExitDia.:96 in.

Length: 173 ft
Diameter. 27.6 ft

Reusability: N.A.

BOOSI'EPc

Number/Type: 4lET+ 5 ft
Inert Mass: 235 K Ibm

Propellant Mass: 2.90 M Ibm
Propellant Type: LOX/RP1
Engine Type/No.: F-1A/4
Vac Thrust (ea.): 2020 K lbf
Vac LSP:3042.sec

Engine Exit Dia.: 143.5 in.
Length: 154 ft
Diameter. 27.6 ft

Reu_bIRi_ N.A,

2rid Stage
Inert Mass: N.A.
PropeU_t_ N.A.
PropellantType: N.A,

Engine Type/No.: N.A.
Vac Thrust (ea.): N.A.
Vac L_P:N.A.

Engine Exit Dia- N.A.

Length: N.A.
Diameter. N.A.

Reusablility: N.A.

TLI Stage:
Inert Mass: 78.9 K Ibm

Propellant Mas_ 0.59 M lbm

Propellant Type LOX/LH2
Engine Type/No.: SSME/2
Vac Thrust (ea.): 470 K Ibf
Vac LSP: 4525 sec
Engine E.xit Dia- 96 in.

Length: 88 ft
Diameter:.27.6 ft
Reusablility: N.A.

Figure 7.1.2.3-4 Two-Stage Configuration: 106 Ton Payload Class
Lunar Vehicle: Standard NLS Core wl LOX/RP1 Boosters and TLI stage (760 k Ibm p_opeUant)

36ft

Mass: 3S,500 llxn
Comments:
•E'rFcop.capacitybaaedon =

5 Rsu.etch
• STME_as75% stepth."ott_e
• l_x. G =4.5 M,ax.Q =900I_

Figure 7.1.2.3-5 Two-Stage

GLOW: 15,551,000 Ibm

CORE:

InertMass: 187.8 K Ibm

PropellantMass: 1.69M Ibm

FhopellantType LOXILH2
Engine Type/No.: STME/4
Vac Thrust (ea.): 650 K lbf
Vac LSP:428.5 sec

Engine Exit Dia.: 96 in.

Diameter.27.6 ft

Reusability: N.A.

BOOSTER:
Number/Type 41ET+ 5 _t
InertMass:235 K Ibm

PropellantM=_ 2.90M Ibm
PropellantType: LOXIRPI
Engine Type/No.: F-I A/4
Vac Thrust (e=.): 2020 K lbf
Vac IS_ 304.2sec

Engine Exit Dia.: 143.5in.

Diameter:.27.6ft

l?,-_blility:N.A.

Configuration:
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2rid Stage:
Inert Mass: N.A.
PropeLlantMas.¢N.A.
PropellantType: N.A.
Engine Type/No- N.A.
Vac Thrust (ea.): N.A.
Vac LSP: N.A.

Engine Exit Dia- N.A.
Length: N.A.
Diameter. N.A.
ReusabliUty: N.A.

TLI Stage:
InertMass: 95.9K Ibm

PropellantMass:0.76M

PropellantType:LOXILH2
Engine Type/No- SSME/2
Vac Thrust (e=.):470 K Ibf

Vac LSP: 4_

Engine ExitDi_ 96 in.

Diameter. 27.6/t

Reusablility:NJ_

109 Ton Payload Class



Lunar Vehicle: Stretched NLS Core w/LOX/RP1

SHROUD - Usable Volume: 33 x60 ft;

3oosten and TLI stare (590 k Ibm propellant)

GLOW: 17,077,000 Ibm

F..O.lm
Inert Mass: 206.4 K Ibm

Propellant Ma._1.86 M Ibm

Propellant Type: LOX/LH2
Engine Type/No.: STME/4
Vac. Thrust (ea.): 650 K lbf

Vac ISP: 428.5 sec

Engine Exit Dia.: 96 in-
Length: 186 ft
Diamet_. 27.6 tt

Ret_ability: N.A.

Inert Mass: N./L

propellant Mass: N.A.
propellant Type: N.A.
Engine Type/No.: N.A-
Vac Thrust (ea.): N.A.

Vac ISP: N.A-

Engine Exit Dia.: N.A-
Length: N.A.
Diameter. N.A.

ReusablilRy: N.A.

Number/Type: 4/ET+ 15 ft
Inert Mass: 251 K Ibm

Propellant Mass: 3.26 M Ibm
Propellant Type: LOX/RP1

Engine Type/No.: F-1A/4
Vac Thrust (ea.): 2020 K Ibf
Vac ISP: 3041 sec

Engine Exit Dia.: 143.5 in.
Length: 164 ft
Diameter:. 27.6 ft

Reusablilit3n. N.A.

inertMass: 78.9K Ibm

propellant Mass: 0.59 M Ibm
Propellant Type: LOX/LI-12
Engine Type/No.: SSME/2
Vac Thrust (ea.): 470 K lbf

Vac ISP: 452.5 _c

Engine Exit Dia.: 96 in.
Length: 88 ft
Diameter. 27.6 _t

Reusabiility: N.A.

Figure 7.1.2.3-6 Two-Stage Configuration: 120 Ton Payload Class
Lunar Vehicle: Stretched NL_ Core w/LOX/RP1 Boosters, 2nd Stage, (590 k Ibm propellant) and TLI stage (590 ldbm propellant)

I_ert Mass: 206.4 K Ibm

Propellant Mass:l.86 M lbm
Propellant Type: LOX/LH2
EngineType/No.: $TME/4
Vac.Thrift (eLk 650 K Ibf
VacL_. 428.5 sec
F_.r_e Exit Dia.: 96 in.
_._: 186ft
Diamem': 27.6 ft
R_uaatbility:.N.A-

_o0_rER:
Numbs/Type: 2lET+ lS ft
Inert Ma_: 251 K llxn
Propelhmt Mats: 316 M Ibm
ProOf Type: LOX/RP1
F..z_meType/No.: F-1A/4
VacThrust (eL): 2020 K li:_
Vac ISP3041_c
_e F.xit Dia.: 143_in-

EXamet_. 27.6 ft
Reasablility:. N.A.

Figure 7.1.2.3-7 Three-Stage Configuration:
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Flight Mechanics

Dynamic pressure limiting is required for the candidate configurations for structural and
thermal considerations. Trajectory lofting is a more direct way of controlling dynamic

pressure but it incurs significantly higher performance losses, as reflected in gravity and

thrust vector velocity losses. Throttling is a less direct controller, but results in much less

gravity and thrust vector losses. Thrust acceleration limiting (G limiting) is required for
structural considerations, and can be accomplished via engine throttling and engine shut-

down. Throttling is effective when minimum rated power levels of 65-75 percent are

available. Engine shut-down is a much less precise controller, and requires multiple shut-

downs for moment ballance and thrust vector loss minimization. Only small exceedances

over 4 Gs are observed in the candidate configurations.

M_nuf_rability.

Use of common propellant tank, intertank, aft skirt, and forward skirt/interstage piece-

parts allows reasonable vehicle configurations to be designed, without incurring

inordinate performance losses. The associated manufacturing cost savings would easily

justify the performance non-optimality of the candidate designs. If the NLS-derived core

has its propulsion module integrated at MAF, then the following tooling/manufacturing

cost impacts are predicted:
• 10 foot LH 2 tank stretch: approximately $65 million in non-recurring costs

• 15 foot LH 2 tank stretch: approximately $120 million in non-recurring costs

Tooling and manufacturing certification requirements and LOX compatibility issues

remain to be answered for the use of aluminum-lithium, although 8090 aluminum-

lithium is currently being used to manufacture the Titan IV payload shroud conical

adapter. Common bulkhead manufacturability and cost issues also remain for use of

common or nested propellant tank bulkheads.

Launch Operations

If a new VAB is to be built for SEI applications, then the core vehicle should be stretched to

its maximum length, as constrained by recurring cost, and SSMEs should be used on a

second stage and the TLI stage for payload maximization. The combination of the VAB

highbay door vertical clearance constraint and the final mission payload requirements may

require the use of common propellant tank bulkheads. Widening of the VAB high bay

door opening beyond the current 71 feet will be more cost-effective than rotating the
orientation of a four-booster stack on the mobile launch tower (MLT), in order to roll into

the VAB. A rotation will work for VAB clearance, but will incur significantly higher

design and cost impacts at the launch pad. A 45 degree rotation of the vehicle on the MLT
will be feasible from a T-0 umbilical and ascent performance standpoint. Utilizing one type

of engine on the core vehicle would be preferred to minimize ground processing costs, and

pre-launch thermal conditioning of any air-startable engines can be accomplished but

complicates ground processing.
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Cost

Cost benefit trade-offs remain to be performed on marginal cost of design, development,

test, and evaluation cost reduction versus recurring cost reduction, for the candidate

common-diameter configurations. The cost of providing throttle-down capability on the

boosters would most likely be offset by the resulting increase in payload capability, as costed

in terms of equivalent numbers of flights. The VAB high bay doors can be economically

modified, up to a point, to accommodate booster height, but not economically for core

vehicle height.

7.1.3 Propellant Thermal Control Trades

To provide a historical perspective, the thermal control system (TCS) for the Saturn SW-B

stage and the Space Shuttle External Tank (ET) has been summarized in Figure 7.1.3-1._.2..___

LARGE LOX/LH 2 STAGE THERMAL CONTROL SYSTEM: HISTORICAL PERSPECTIVE

s- rB
4.Shr Orbital Suborbital

Dome/Sidewall Insulation

(0.5 in.
thick)

Common Bulkhead

Foam/RberslassFilled
Honeycomb
with Inert Gas

[ntertank

External Foam

-- External Foam(O23 - 1.S in.
thick)

• Lnte_ Sl_mctuze (Tm-_lr,WalLs Carry Loads)
° CommonBulkhead
•tntemal Foam Insulabon

-Individual Sections
-AdhesiveInstallation
-Signai_n_ Proble_

• BoilO_" Rate (LH 2 )

" . inte/Fai Structure (Tank Walls Carry Loads)
• In.tank
• External Foam Insulalion

-Sprayed Installation
--Currimt Technology
-S._6_I Operition

• Boiloff Rate (LH2)
--C.-o.M: I00 gaL/m/n-

-Ground: 300gaL/min. -Orbilal: N/A
--Orbital: >50-100peromtper day

Figure 7.1.3-1 Thermal Protection Historical Perspective

Tank wails on both stages are an integral part of the load carrying structure. The S-IVB

tanks has a common bulkhead, while the ET tanks are separated by an intertank. No

significant thermal preference between separate tanks and a common bulkhead is

anticipated for a 4.5 hour mission. The S-IVB has internal foam insulation and the ET
tanks have external sprayed on foam insulation (SOFI). The SIV-B experiences much

higher boiloff rates than expected due to cracks in the internal foam which form when

exposed to liquid hydrogen temperatures. The ET insulation has been much more reliable,
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although it does not go all the way to orbit. Not shown is the Centaur, a contemporary to

both these stages. Although a much smaller stage than the two pictured here, the Centaur
utilizes both foam and a few layers of multilayer insulation, has a common bulkhead and

the insulation is a low density glass felt, with a radiative shield.

The top level design trades are generally based on previous analytical experience and

historical flight data. Because of the short storage time, the thermal design of the TLI stage

for the Single /Direct launch mission can be an updated version of the S-IVB Stage.

Propellant tanks can be an integral part of the load carrying structure and a common
bulkhead would be thermally acceptable. ET-type foam insulation will be applied to the

tank exterior, instead of to the inside as on the S-IVB. A meteoroid shield is not

anticipated. A liberal boiloff rate of 25 percent per day is acceptable as a design target.

Figure 7.1.3-2 illustrates the results of a simplified analysis to determine the optimum
insulation thickness for the 317.5 t (700 Klbm) TLI propellant load. The effect of the launch

environment on the SOFI external optical properties is uncertain, so a relatively warm

external surface temperature of 540 R is used for calculations. A more detailed

TRASYS/SINDA model is under construction to more accurately define the orbital

environment and thermal response of the vehicle. Boiloff and insulation masses for the

4.5 hour mission are multiplied by mass exchange factors to obtain the equivalent initial

mass in low earth orbit (IMLEO). The total foam insulation plus the 4.5 hour boiloff losses

are then plotted to determine the insulation thickness that produces the minimum total

mass. The optimum foam thickness for both the LH 2 and LOX tanks is approximately 5 an

(2.0 inches). There are no manufacturability issues associated with applying a 5 cm thick

SOFI layer.

20O00

100O0

16O00

14000

12OOO

10000

80OO

600O

4OOO

200O

0
0.0

"I'Ll Boiloff and Insulation Weights .tsrus_

LH2 LOX _, _:_ _,.n.,,

I I I i I I I t

I I I

k_ ,._ ,,,,,,_:-.-._ _

0 "--

S 2.0 2.5 3.0 3.5 4.0 0.0 0.5 _O Z.S 2.0 25 3.0 3.5 4.O

r.om Xbk:km,, Ore:is) r,_m _ era'-*--)

Results - 4.5 Hr. Mission _v._._ :
*K,, 0.014,kulhr/t R

2.0 inches of Sprayed on foam insulation (SOH) is near .ExtmmlTemp.=540de&R
*Mass Exchange Factm_

the minimum foam+boiloff weight and results in the eoa_ a ll

following: r._: z_
Boiloff Foam mass (Ibm) _at_taF-ram

LH2: 1.0 %/hr 1682
LOX: 0.13 %/hr 789

• x,= 2.4 ibl_.,vJ
• Full tanks

Propellant C_ fdi0 dt'g. R

reed Sram_

Figure 7.1.3-2 NLS-Derived TLI Stage Thermal Protection Assessment
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7.1.4 Alternate Launch Configurations

Figure 7.1.4-1 shows several alternate configuration options. All options ignite the booster

and core engines at lift-off. The first uses the reference NLS derived option as a base, but

replaces the four STMEs with four expendable SSMEs. Resizing the boosters and TLI stage
results in a 5 t payload increase. The second option replaces the F-1A engines on the

boosters of the reference NLS derived option with Energia (Confederation of Independent

States) RD-170 engines. The boosters and TLI stage are resized for this option, which also

results in a 5 t performance increase. The final vehicle is an optimized propellant load

core (4 STMEs) with two th.ree-F-1A engine boosters. The core diameter is constrained to

10 m (33 ft), which is the Michoud Assembly Facility physical limit without requiring a

completely new building. This allows the two booster option to meet the 93 t payload

requirement.

Alternate Launch Configurations

[_I_icates Unique Ek-ment>"!

GLOW

Post-TLI P/L

LEO Cutoff

NLS Core (4 _pe_. 55ME) NLS Core NLS Core (Opt. Prop. Load)
4x2 F-1A Boost 4x.2 RD-170 Boost 2x3 F-1A Boost

1 SSME TI.J Stage 1 SSME TLI Stage 1 SSME TLI Stage

12.4 MIb 10.9 Mlb 10.8 MIb

100 t 100 t 95 t

277 t 282 t 275 t

2 Stage Core 2 Stage Core 2 Stage Core

Figure 7.1.4-1 Other Alternative NLS-Derived Configurations
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7.2 Saturn V-Derived

7.2.1 Reference Configuration Trades

Vehicle definition analyses for the Saturn V derived HLLV configuration were performed
for two distinct classes of performance capability over the course of this study phase: a 76 t

post-TLI payload capability class and a maximum payload capability class (vehicle height
constrained). The 76 t HLLV payload delivery requirement was specified on the basis of

lunar surface payload requirements and preliminary mass estimates for the cargo lander.

In order to establish an upper bound on HLLV performance potential, a maximum

capability vehicle also is considered. With this case, the vehicle configuration is
constrained to an overall height of 125 m (410 ft) in order to enable use of the existing VAB
at KSC. The 76 t capability requirement, initially imposed on the HLLV, was subject to

periodic revision throughout the course of study as updated estimates of cargo and lander
masses became available. Subsequent to completion of the 76 t class vehicle definition

analyses, the 76 t requirement was replaced with a 93 t requirement, derived on the basis of

piloted mission lander mass estimates. Since the 93 t requirement closely coincides with

the performance capability of the maximum payload class vehicle under study, no

additional definition analyses are required. The final reference Saturn V derived

configuration is selected on the basis of results of the maximum payload class vehicle

definition analyses. _

ADvroach

The overall process utilized for HLLV definition is illustrated in Figure 7.2.1-1.

SATURN V DERIVED HLLV DEFINITION PROCESS . [
GROUNDiZUL_, CON_ IN1q.J'rs SIZING ANALYSIS

& OPTIMIZATION

CONSIDERATIONS: I _

.MOmn.oa_omj,_cTrvr_t_=
- DESIGN POINT |

- GROWTH POTENTIAL ]

- COST DRIVEgS . .. )

NO

LUNAR HLLV

TRAJECTORY ANALYS]_

LUNAit HLLV

T'g=A}_ECX'ORY ANALYSIS

MAltS HLLV

Itr:QM'T SATISlq[ED 7

J CONFIGUitATIONLAYOUTS

Figure 7.2.1-1 Saturn V-Derived
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Independent sets of vehicle definition studies were completed in order to produce a matrix
of candidate Saturn V derived vehicles for both the 76 t and maximum capability vehicle

classes. Integrated HLLV sizing analyses are performed for each vehicle class using the

baseline lunar I-tLLV configuration, consisting of three core stage elements and two booster

elements, and the reference F-1A and J-2S propulsion system options. Subsystem level

mass properties are predicted for each stage element within the sizing software using

empirical weight estimating relationships derived from Saturn V mass properties data.
All vehicle definition analyses are completed using the lunar vehicle as the design point,

leaving the Mars HLLV performance dependent upon the resulting lunar HLLV stage
characteristics. The lunar configurations, however, are scarred with core thrust structure

for the four-booster Mars HLLV. Vehicle mass properties, geometry, and first order

performance estimates are obtained from sizing software, while final performance

capability is estimated from trajectory analysis.

Among the primary vehicle characteristics to be defined from the sizing activity are the

number of engines per stage, stage performance, and booster diameter, for an optimized

configuration. Vehicle candidates are defined for each capability class through parametric

variation of staging velocity conditions, resulting in variation to stage element lengths, for

various options of engine numbers per stage. In addition, a booster diameter sensitivity

study was conducted during initial sizing analyses for the 76 t class vehicle. During the

sizing processes, resulting vehicles are screened to eliminate configurations which
violated thrust-to-weight limitations or booster element attach constraints. Thrust-to-

weight limitations are considered for both ignition and burnout conditions. A minimum
lift-off thrust-to-weight constraint is imposed based upon a study groundrule. Separate

constraints are imposed on the upper stages, if operated during ascent, in order to

eliminate configurations with unacceptably low ignition thrust-to-weight ratios which

would significantly degrade vehicle trajectory performance. Additionally, a burnout

thrust-to-weight constraint is imposed on the vehicle's first stage elements in order to

ensure that vehicle acceleration levels could be controlled with the use of engine

throttling during trajectory simulations. An attach constraint is also imposed for this

phase of study to limit the forward booster to core attach location to the forward skirt and
nose cone regions of the booster and to the forward skirt and interstage regions of the

modified S-IC stage. This constraint serves to screen out vehicle configurations requiring

structural attachment to barrel segments of a booster or core stage oxidizer tank, in

consideration of the anticipated complexity and cost of this approach.

The resulting vehicle candidates, which satisfy all sizing constraints, are then evaluated on

the basis of selected objective variables which served as the criteria for defining the most

optimum vehicle for each of the two capability classes. For the vehicles sized to the fixed

76 t payload capability, the selected criterion of minimum vehicle dry weight is used to

define the optimum vehicle. For the vehicles sized to a fixed height of 125 m (410 ft), the

optimization criterion was maximum payload performance (post-TLI). Overall vehicle

reliabilitywas an additional criterion applied to both vehicle capability classes, and was

evaluated in terms of the total number of engines required and the number of engine

startsrequired per stage.
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The matrix of design cases used. to define vehicle options for the two capability classes is

presented in Figure 7.2.1-2.

SATURN V-DERIVED LUNAR HLLV DESIGN CASES

PAYLOAD OBJECTIVE
(Post - TLD

• 76 mt PAYLOAD

• MAXIMUM PAYLOAD
- 410 ft. Fixed Height HLLV

BOOSTER DIAMETER

260 in., 300 in., 331 in.
260 in.
26O in.
260 in.
260 in.

260 in.
260 in.
260 in.
260 in.
26O in.
260 in.

NO. OF ENGINES
(Booster, Core Stg I,ll,IID

2,5,6,1
2,5,6,2
2,6,6,1
2,6,6,2

2,5,5,1
2,5,5,2

2,5,6,2
2,6,6,1
2,6,6,2

STAGING VELocrrlES

150 Combinations

150 Combinations

['---'] Reference Vehicle Engine Combination

Figure 7.2.1-2 Saturn V-Derived Design Case Matrix

For each engine configuration considered, vehicle sizing analyses are performed using a

domain of staging velocity combinations to define a matrix of candidate vehicles.

Variation to the staging velocities provide a convenient method for evaluating acceptable

stage length variations for fixed stage diameters. A down-select process is then applied to

the vehicles satisfying the design constraints, using the selected optimization criteria. At

the study outset, a booster diameter sensitivity analysis was performed for the 76 t vehicle

class using an HLLV engine configuration consisting of two F-1A engines per booster, five

F-1A engines on the modified S-IC stage, five J-2S engines on the modified S-II stage, and

one J-2S engine on the TLI stage. This engine configuration will be denoted 2,5,5,1 in a

format to be used throughout the discussion. Three booster diameters are evaluated with

this configuration: 6.6 m (260 in), 7.6 m (300 in), and 8.4 m (331 in); the latter

corresponding to the Shuttle ET diameter. Results of the analysis show that the 6.6 m (260

in) booster offers the most configuration solutions satisfying the booster attach location

constraint. Additionally, the vehicles defined with the larger diameter boosters all result

in higher vehicle dry and gross weights than the optimum 6.6 m (260 in) booster vehicle.
It is also observed for vehicles using the 8.4 m (331 in) diameter boosters that the required

booster burn duration approaches the burn duration of the modified SIC stage, in order to

satisfy the attach constraint. Consequently, for these vehicles, the boosters and modified S-

IC stage act effectively as a single series stage element resulting in reduced staging benefits.
In consideration of the attach constraint limitations and lower vehicle weights, the 6.6 m

(260 in) diameter booster is baselined for the remaining definition studies to be discussed.
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Sizing analyses for the 76 t class HLLV indicated that performance objectives and
constraints could be met with a minimum dry weight vehicle by using a 2,5,5,1 engine

combination on the stage elements. Although this result was anticipated, alternate engine

quantifies on the core stages were evaluated for comparison and for assessment of vehicle

performance and sizing sensitivities. With few exceptions, all vehicles defined for this

class of capability resulted in geometries less than 125 m (410 ft) in overall height. The

matrix of design cases included vehicles with and without a sub-orbital operation phase of

the TLI stage. Vehicles sized with suborbitally operated TLI stages incorporating only a

single J-2S engine were observed to have adversely low ignition thrust-to-weight ratios,
even with cases where the sub-orbital burn durations were short. As a result, candidate

vehicles designed for sub-orbital TLI stage operation generally required two J-2S engines.

Evaluation of the vehicle candidates against the chosen optimization criteria led to

selection of a reference HLLV incorporating a TLI stage which is not operated suborbitally.

Since these sizing analyses were performed for a fixed payload vehicle, performance

benefits associated with TLI stage sub-orbital burn equated to a reduction in total vehicle

weights. The dry weight benefits observed with the vehicles incorporating suborbitally

operated TLI stages were not considered substantial enough to outweigh reliability
considerations associated with an additional engine start and, in most cases, a required

additional engine. After evaluation of all vehicles defined, a reference HLLV selected from

the candidates using a 2,5,5,1 engine combination provided the best vehicle solution with

fewest number of engines. The overall vehicle height was well within the 125 m (410 ft)

constraint, since only minor stretches were required for the S-IC and S-II stages. The

estimated vehicle mass properties resulted in a lift-off thrust-to-weight ratio of

approximately 1.3. Prior to completing refinements to the reference vehicle definition, the

HLLV payload requirement was increased to 93 t (205 Klbm) post-TLI and all subsequent

activities are focused on the maximum payload capability HLLV.

Evaluation of the matrix of vehicles sized to a fixed height of 125 m (410 ft) lead to

selection of a reference HLLV incorporating a 2,5,6,1 engine combination on the stage

elements and a TLI stage designed for trans-lunar insertion only. Reference vehicle

selection are based upon the criteria of maximum payload performance, in order to

establish an upper capability limit with the height constrained HLLV, and vehicle

reliability. Vehicle candidates with TLI stages sized for sub-orbital operation are found to
have low TLI stage ignition thrust-to-weights for cases using only a single J-2S engine,

which reduce the benefits of the additional stage burn. The vehicles evaluated with two-

engine TLI stage options all provide sufficient thrust-to-weight ratios, even with the larger
TLI stages sized for longer duration sub-orbital burns; however, performance capabilities of

these vehicles are not found to exceed the reference HLLV when sized to the fixed 125 m

(410 ft) height. Selection of a configuration incorporating six J-2S engines on the modified

S-II stage is made after reviewing the payload capability of all candidate vehicles.

Although many of the vehicles defined with only five J-2S engines produce reasonable

performance capability, none provide the level of payload capability demonstrated with the
reference HLLV. From the reference vehicle characteristics, it is evident that performance

optimum burn durations are achieved with length modifications of approximately 6.7 m
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(22 ft) to both the S-IC and S-II stages. The additional engine on the modified S-II stage,
relative to Saturn V,. supplies the needed thrust augmentation for adequate thrust-to-

weight levels with the increased stage weight. Five F-1A engines on the modified S-IC are
found to provide sufficient first stage thrust levels in conjunction with the booster
elements. Vehicle candidates using six F-1A engines on the modified S-IC are typically
characterized by excessive lift-off accelerations and shortened duration burn times for the
booster and modified S-IC stages, in order to maintain acceleration limits. Consequently,

no performance benefits are observed with these options.

7.3 Payload Shroud

7.3.1 Aerodynamics and Performance

A trade study was conducted to determine the effect on aerodynamics and performance

using the common shroud configuration. The percent increase in axial force over a
biconic nose shape versus Mach number is shown in Figure 7.3.1-1.

Percent Change in Axial Force Coefficient for Common Nosecone Shape
4O . I

_ Common Nosecone

- - _- - Common w/o L__S.

Figure 7.3.1-1 Common Shroud Performance Versus Biconic Design

Data for the common nosecone with and without the launch escape system is also given.
The effect of increased axial force on performance for the common nosecone is evident.

This effect is relatively minor when compared with overall TLI payload requirements (93
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t). No normal force data exists for the common nosecone shape, however, several

observations can be made based on historical evidence (e.g., Atlas booster experience). The

resulting bending moment on the vehicle is a function of nosecone shape and will be

increased for this nosecone configuration due to its large half-angle (42 deg). Turbulence

due to detached shock waves also resulting from this large half-angle will likely cause

vibration and dynamic stability problems as well as a significant excursion from linear load

behavior. Normal force data must be obtained from wind tunnel testing to make an

accurate determination of its effects on launch vehicle design.

7.4 TLI Disposal Options

If the TLI stage is left orbiting in the Earth-Moon space after burn-out and separation from

the lunar transfer vehicle (LTV), it may become a collision hazard to other spacecraft. To

minimize the potential orbital debris problems posed by the spent TLI stage it win be

necessary to dispose of the TLI stage. Three disposal options for tank set removal after the

TLI burn have been considered, as shown in Figure 7.4-1: the TLI stage could be targeted

for Earth reentry and burn-up on the first orbit with a delta velocity cost of 20 m/sec or less;

targeting for a lunar impact would incur a delta velocity of about 5 m/sec; and (3) the

gravity-assist from a posigrade swing-by of the Moon, at a delta velocity cost of about 30
m/sec, effectively removes the tanks from Earth - Moon space. Each of these options could

be implemented in two ways: an avionics/retro package on the TLI stage could perform

the targeting maneuver after separation from the LTV; or the maneuver could be made by

the LTV system which would then have to be retargeted onto its planned course to the

Moon.

Earth ReentrF

TLI _ V

I_ Tn_
v_,Da_ v,d_.._

Pros:

• Effective removal on first orbit

Cons:

• Integral RCS propulsion &

avionicson stageor

LTV retargelingrisk(low)
Delta V = 20 m/sec

TLI Stage Disposal Options

lunar

Della
V_

Pro_

•Effe_ve removal on fu'storbit

Cons:

• IntegralRCS propulsion &

avionicson stageor
LTV retargetingrisk(low)

Delta V = 5 m/sec

Lunar Swin_,by_ to EscaFe

Ddm

v_

Pros."

• Removal from Earth/Moon space

Cons:

• IntegralRCS propulsion &

avionics on stage or
LTV retargefingrisk(low)
Delta V = 30 m/sec

Figure 7.4-1 Candidate TLI Stage Disposal Options
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Clearly, the mass penalty for disposal is less if the delta velodty is made by the separated

tank which weighs only a fraction of the total vehicle stack after the TLI burn. This would

be true even if the tank thrusters used hydrazine (or a solid retro) instead of the high

performance LOX/LH2 propellant. On the other hand, the LTV is designed for accurate

propulsion burns, having the full capability of its supporting subsystems, whereas the tank

is not. Targeting accuracy may be an important factor in selecting the best disposal option
since it would be desirable to make only one maneuver (i.e., a tank is not a spacecraft). A

counter-argument against the LTV taking on the disposal/retargeting burden is that it
would take the LTV off-course, especially from the nominal free-return trajectory designed

for mission abort contingencies, and this would incur some degree of risk should a

maneuvering subsystem failure occur. Much more detailed analysis of the mass penalty,

accuracy, and risk tradeoffs is required for before a definitive selection of the best disposal

option for the TLI stage can be made.
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8. Conclusions

Based on the design and assessment results presented herein, two point-design PILLV

concepts have been identified that meet the minimum requirement of providing 93 t of

payload after performing a nominal ascent trajectory and a TLI burn. The two designs

represent a "snap shot in time," and serve merely as a first point of departure for the
identification of HLLV requirements for the Single Launch lunar mission profile. Two

o rammatic a proaches have been shown to produce viable HLLV
different .pr g • P • - e evolved from the current reference

ons" one usm_ vehicle elements that ar ...........
configurat_ • . v, .... -_^-_,,_ a,'-',roach that is evoivea from me ongmm
NLS family of vehicles, aria one using ,, u_ls, L rr
Saturn V concept. The analysis performed to date indicates that there are no significant

technological hurdles that must be overcome in order to enable the Single Launch

requirements. The two most important design assumptions for the NLS-derived concept
are the timely development and certification of the STME and the F-1A, for use on the
core vehicle and boosters. A closely related design assumption is the ability to develop and

qualify an air-start capability for the SSME, for use on the TLI stage. The two most

important design assumptions for the Saturn-derived concept are the timely development
and certification of the F-1A and J-2S, for use on the boosters, core first stage, core second

stage, and TLI stage. It is acknowledged that the reference payload shroud design for both
the cargo and piloted missions is projected to produce excessive unsteady aerodynamic
loads on the core vehicle, and further payload packaging and shroud design analyses are

required to eliminate the loads issues.

A straw-man development and acquisition process has been identified that meets the

intended first-launch date of 1999. The analysis activities documented herein have

concentrated on the conceptual design of candidate HLLV configurations due to the

current uncertainty in projecting the precise funding, mixed fleet launch vehicle

production, and operations environments that will exist in the years immediately

preceding and following 1999. More analysis is required, however, to identify

programmatic and legislative actions that could be taken that would significantly reduce

the risk in meeting the 1999 launch date.
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9. Recommendations

Given the preliminary nature of the design and assessment results described above, it is

recommended that the following trade studies and analyses be performed in order to

further develop Single Launch HLLV requirements that could be used to initiate Phase A

design activities:

• Number of engines per booster

• Number of boosters

• Booster attachment concepts

• Common versus separate propellant tank bulkheads

• Type of core and booster engines (including foreign engines)

• TLI engine type

• Number of TLI engines

• Payload shroud configuration and LTV accommodations

• Test plan methodology

• Manufacturing, test, and launch facilities implications

• Alternative payload packaging and shroud design concepts

• Clean-sheet and monolithic (common stage diameters) concepts

• Alternative structural materials

• Vehicle-specific forebody and base effects aerodynamics

• Vehicle-specific distributed loads

• Alternative launch site design implications

• Use of foreign launch vehide elements

• Cargo and piloted abort scenario development and performance assessments

• Engine-out protection design implications
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14.0 Russian Propulsion Technology Assessment Reports

This section provides a list of the contract deliverables that Pratt & Whitney produced under
subcontract to LMSC's TA-2 contract that assessed the technologies and performance of NPO

Energomash's RD-170 and RD-180 LOX/kerosene main engines, as well as the conceptual

tripropellant (LOX/LH2/kerosene) engine RD-701/RD-704. Energomash was under subcontract
to Pratt to provide the engine technology and performance data. Pratt's subcontract consisted of
a basic three-month effort from March through May of 1992 to provide preliminary performance

data on the RD-170 engine. Two additional contract amendments, Amendment A and B, were
funded by MSFC and the Ballistic Missile Defense Organization, respectively, to provide
additional details on performance, technologies, and production costs for the RD-170 and RD-

180 (Amendment A), and the RD-701 (Amendment B).

During the Heavy Lift Launch Vehicle (HLLV) studies of 1993, it became clear that there was a
very limited number of candidate domestic main propulsion elements that could be used or
developed. The result was to also consider the use of Russian main propulsion elements. An
additional factor in considering the use of Russian rocket engines was the manner in which the

engines would be manufactured; either in Russia, or in the U.S. through a licensing agreement.
Commercial launch applications did not pose a problem for the use of Russian-built engines,

thereby allowing the leveraging of the significantly lower labor costs in Russia. U.S.
Government launch applications did, however, pose a perceived conflict, with organizations such
as the Air Force advocating the licensing of production by a U.S. propulsion vendor as being the

only acceptable solution.

The interest in the RD-701 was for application to Single Stage to Orbit (SSTO) launch vehicle

concepts. Due to the fact that the RD-701 design was developed by Energomash to meet Russian
SSTO requirements, NASA requested that an RD-701 concept be defined that met the Access to

Space Option 3 team's SSTO mission requirements. To avoid confusion regarding the difference
between the subsequent two tripropellant engine concepts, Energomash chose to identify the
engine concept based on NASA requirements as the RD-704. An additional contract deliverable
that was provided by Pratt was a preliminary set of data corresponding to the results of prototype
tripropellant injector hot-fire tests that were performed by NPO Energomash.

LMSC utilized the RD-170 and RD-180 performance data in the assessment of candidate heavy

lift and medium lift, expendable vehicles, and the RD-704 data in the assessment of candidate
SSTO launch vehicles under the TA-2 charter. The Pratt deliverables were also contractually

provided to the TA-2 COTR for internal NASA use. Because of the proprietary nature of the
data contained in Pratt's deliverables, any request for copies of said deliverables should be made

to the TA-2 COTR, Gary Johnson, of the Marshall Space Flight Center.

The following deliverables were provided by Pratt & Whitney, under subcontract to LMSC's TA-
2 contract, with the associated statement-of-work task titles indicated:

Basic Subcontract Period (March-May 1993)

Preliminary Assessment of Russian Propulsion Systems (Doc. No. FR 22861-1)
- Task 1 RD-170 Manufacturing Location Assessment
- Task 2 RD-170 U.S. Production Cost Identification
- Task 3 RD-170 CIS Production Cost Identification

- Task 4 RD-170 Performance and Operational Regime Specification

- Task 5 RD-170 Test Requirements
- Task 6 RD-170 Performance Enhancement

- Task 7 RD-170 Launch Site Operations

Lockheed Martin

Missiles & Space- Huntsville
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Basic Subcontract Period (March-May 1993) (Concluded)

- Task 8 RD-701 Characterization and Performance Identification

- Task 9 RD-170 Existing Test Information

- Task 10 Final Report

Amendment A Subcontract Period (May 1993-May 1994)

• Preliminary Assessment of Russian Propulsion Systems Amendment A Volume I Executive

Summary (Doe. No. FR 23379)

• Preliminary Assessment of Russian Propulsion Systems Amendment A Doc. No. FR 23365)
- Task 1 RD-170 Acquisition and Detailed Test Assessment
- Task 2 RD-170 Technology Assessment
- Task 3 RD-701 (RD-704) Technology Assessment (injector test data delivered via

addendum)
- Task 4 Expander Cycle Rocket Engine Technology

Amendment B Subcontract Period (May 1992-May 1994)

• Preliminary Assessment of Russian Propulsion Systems Amendment B (Doe. No.

FR 23317-2)
- Task 1 Detailed RD-170 Manufacturing Location Assessment
- Task 2 Detailed RD-170 U.S. Production Cost Identification

- Task 3
- Task 4
- Task 5
- Task 6
- Task 7
- Task 8

(deleted)
RD-180 Deveiopment, performance, and Operation Information

(deleted)
(deleted)
Detailed Assessment of RD-170 Existing Test Information
Detailed RD-701 Characterization and Performance Information

LMSC P038190

NAS8-39208
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Lockheed Martin
Missiles & Space- Huntsville
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